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NATIONAL AERONAUTICS AND SPACE ADMINISTRATION

TECHNICAL NOTE D-1001

THERMAL DESIGN OF EXPLORER XIII MICROMETEOROID SATELLITE

By Earl C. Hastings, Jr., Richard E. Turner,
and Katherine C. Speegle

SUMMARY

The preflight thermal design study of the Explorer XIII (1961 Chi)
micrometeoroid impact research satellite has established that with the
coatings selected the telemetry systems can be maintained within their
temperature operating limits of 15° F to 120° F from launch to injection
into orbit, and also for the lifetime of the satellite in orbit. Surface
temperatures of the exposed experiments have also been found to remain
within their prescribed limits. Ascent heating studies indicated that
during the ascent with the heat shield in place, the payload pressure cell
temperature should increase 38° F and the other sensors less than 20° F.
Telemetry temperatures showed no increase in this phase of the flight.
After ejection of the heat shield during ascent, studies indicate that no
aerodynamic heating effects will occur. An additional source of heating
to the satellite is the last-stage rocket-motor case which 1s an integral
part of the satellite. Temperatures of the motor case during burning and
after burnout were estimated to raise the temperatures of some of the
sensors near the motor nozzle by about 90° F. These sensors still remain
within tolerable limits however.

The largest variation in telemetry temperature could occur during
the orbit heating phase for the satellite spinning about the principal
axls of least inertia. Extremely low telemetry temperatures could occur
in this case if long periods of spin about this axis should occur. If,
as studies indicate, the satellite tumbles approximately 2 weeks after
launch, then this cold condition can be avoided with proper selection of
launch time. After transition to the tumbling mode of spin the maximum
and minimum telemetry temperatures were found to be 115° F and 30° F,
respectively. The computation of the telemetry temperature was found to
be appreciably affected by thermal conductivity within the satellite
itself. In the tumbling mode of spin it was necessary to consider the
existence of hot and cold spots on the external surfaces due to nonuniform
heating. These surface gradients were found to be quite large for some
materials and satellite orientations although the exposed sensors still
remained within tolerable temperature values when these effects were con-
sidered. An extensive test program, as part of the thermal design study,
préved invaluable in supplying engineering type answers over a wide range
of subjects. In many cases, test procedures were useful in verifying
estimated values, evaluating coatings and materials for the space environ-
ment, or experimentally determining data which could not be estimated with
a great degree of accuracy.



INTRODUCTION

The Explorer XIII (1961 Chi) satellite was developed by the Applied
Materials and Physics Division at the Langley Research Center as part of
an NASA program to study the penetration hazard of micrometeoroids in
space, and was placed into a near earth orbit from the NASA Wallops
Station by the Scout launch vehicle. The satellite was designed to
supply information on the probability of penetrations of spacecraft
skins and also on micrometeoroid flux rates at altitudes between about
200 and 500 nautical miles.

Because of the relatively narrow temperature ranges over which the
electronics and some of the sensors can operate, it was necessary to
select coatings, materials, and heat-transfer paths which would provide
acceptable temperature environments for these components during the
lifetime of the satellite. The purpose of this paper is to discuss
some of the analytical and experimental methods used in connection with
this phase of the satellite development. Consideration is given to heat
transfer in four different regimes; ascent heating with the satellite
enclosed in a protective heat shield, ascent heating after ejection of
the heat shield, and orbit heating for the period of 1 year. Since the
satellite was constructed around the last stage of the booster (which is
placed in orbit as a part of the satellite) it was also necessary to
consider the effect of heat transfer from the rocket motor case to the
satellite,

In the orbit heating phase of the study, emphasis is placed on some
conslderations which often receive only casual attention in the literature.
These 1tems include a description of an analytical program which considered
radiative and conductive heat exchange between component parts of the sat-
ellite, defining the hottest and coldest orbit passes, comparative effects
of spin stabilization and tumbling rotation on telemetry temperatures and
surface temperature, and a discussion of the influence of the hour of
launch. Materials test data which may be of general interest are also
presented.

SYMBOLS
A aresa
Ty - Ti,1
a thermal accommodation coefficient, ———=2=
Ty - Ti,1
ag absorptivity of solar radiation
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c specific heat of materials, Btu/lb-°R

p specific heat of air at constant pressure, Btu/slug.oF
e total hemispherical emissivity

f shape factor

Gy internal heat generated, Btu/min

H total angular momentum, slug-ft2/sec

h conduction coefficient, Btu/CF-min

J radiant heat intensity, Btu/min-in.2

K Boltzmann constant, 1.38 X 10716 ergs/%K
k thermal conductivity, Btu/in.-min-°F

1 distance, ft

m pound mass

Ty molecular mass, g

N dimensionless flux factor

Np, Prandtl number

Ngy, Stanton number

n number of molecules per cubic centimeter
P orbit period, min

P percent time in sunlight per orbit pass
q heat-transfer rate, Btu/ft-sec

R radiation coefficient, Btu/ORu-min

R, mean radius of earth, 3,438 nautical miles
r recovery factor, EEH_ZJEL

Ty - Ty



earth-atmosphere albedo, 0.4

solar constant, 0.04968 Btu/in.Z2-min

temperature, °F or °R
free-stream temperature
thickness of materijal

velocity, ft/sec

Uil

mean molecular particle velocity, ft/sec

angle between line from satellite to center of earth and line
from satellite to element on earth surface, deg

thermal diffusivity of material, éi_c

angle between satellites momentum vector projection on orbit
plane and local horizon at orbit perigee, deg

orbit angle, deg (zero at perigee)
angle between sun's unit vector and orbital plane, deg

angle between perigee and projection of sun's unit vector on
orbit plane, deg

angle between line from center of emitting source to satellite
and satellite principal axis, deg

angle between line from center of earth to sun and satellite
angular momentum vector

angle between line from center of earth to satellite and
line from center of earth to element on earth surface

angle between line from center of earth to sun and line-from
center of earth to satellite -

angular displacement of point on surface of cylinder measured
from angular momentum vector —



v angle between angular momentum vector and orbit plane

£ =5 -¢

o density, 1b/ft3 or slug/ft?

fo radius of hemisphere or cylinder

g Stefan-Boltzmann constant, 2.00 X 10717 Btu/in.g—min-oRu

T time, sec or min

o radiant heat flux, Btu/min

¢ azimuth angle in spherical coordinates, deg

Q for circuler orbits, angular displacement of satellite in sun-
light between darkness intersections

0 longitude of descending node

Subscripts:

a air

aw adiabatic wall

c cross sectional

e earth

i,1 incident molecule stream

1 local

m mean

P projected

r reflected molecule stream

Trs reflected solar

s solar

T total

w wall



SATELLITE AND LAUNCE VEHICLE

Satellite

The general arrangement of the Explorer XIII (1961 Chi) satellite
consists of the forward nose-cone section and three separate groups of
sensors, all permanently attached to the last stage of the launch vehicle
( shown by the dashed lines in fig. 1). Five types of sensors are used as
can be seen in this figure.

Mounted around the exterior surface of the fourth-stage (ABL-X-248-A5)
rocket motor are 160 pressurized cells made of beryllium copper of various
thicknesses between 0.001 inch and 0.005 inch. Each cell is about 2 inches
in diameter and T7.4O inches long. The cells are mounted to an aluminum
inner heat shield encircling the rocket-motor case as can be seen from the
enlarged cross-sectional sketch. These cells are pressurized with helium
so that a puncture by a micrometeoroid will allow pressure to leak out.

By means of a pressure activated switch located on the bottom of each cell,
the pressure loss can be detected and telemetered.

Two additional micrometeoroid experiments, developed by the Lewis
Research Center and the Goddard Space Flight Center, are mounted around
the fourth-stage transition section. The Lewls Research Center experiment
is composed of 60 grid detectors made of type 304 stainless steel of
thicknesses between 0.003 and 0.006 inch. Beneath each of the steel seg-
ments is a printed circuit about 60 microinches thick attached to 1/4-
mil-thick Mylar.

The experiment developed by the Goddard Space Flight Center consists
of 46 sensors, each consisting of one continuous winding of enameled
copper wire on a rectangular melamine laminate card. The wires used for
winding were 0,002 inch and 0.003 inch in diameter. Both the Lewis and
Goddard sensors record micrometeroid penetrations by indicating a change
in resistance when the sensor circuit is broken.

As indicated in figure 1, the nose cone is also instrumented with
two additional detectors developed by the Goddard Center. These are
cadmium sulfide cells which are mounted in aluminized lucite glass flasks
covered with a sheet of 1/U-mil-thick Mylar cocated with aluminum on both
sides. When small particles penetrate this sheet, light enters the flask
and 1s focused on the cadmium sulfide cell causing a change in its resis-
tance. Piezoelectric impact detectors are mounted on two aeparate
sounding boards on the nose cone to record impacts received on the boards.
The same type of sensor is also used on the bottom of the pressure cells.

The cadmium sulfide detectors and sounding boards were attached to
the nose cone which was made of sandblasted 410 stainless steel. Two
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large power solar cell groups and three small solar cell groups for
various test purposes were mounted on the forward flat face, and eight
large and two small solar cell groups were mounted on an aluminum ring
which was located around the cylindrical part of the nose cone. A
photograph of the nose cone is shown in figure 2.

The two PIM/FM/AM telemeter canisters were mounted to a fiber-glass
bulkhead serving as the base of the nose cone. A photograph of this
assembly on the satellite is shown in figure 3. Table I is a description
of the materiasls and surface coatings used on Explorer XIII.

Total payload welght (excluding the last-stage rocket motor) is
125 pounds. The payload weight plus burned-out motor weight is approxi-
mately 190 pounds.

Launch Vehicle and Trajectory

The launch vehicle for the Explorer XIII satellite was the Scout
developed at the Langley Research Center. A drawing of the Scout is
shown in figure 4 and a photograph of the launch vehicle prior to launch
is shown in figure 5. Scout is a four-stage solid-fuel launch vehicle,
capable of orbiting payloads of about 150 pounds. A more detailed dis-
cussion of the "Scout" launch vehicle can be found in reference 1.

Nominal Trajectory

The satellite was launched from the NASA Wallops Station at an
elevation angle of 80° and an azimuth angle of 90° from true north.
Figure 6 is a plot of the estimated ascent trajectory profile with a
notation of ignition and burnout of the various stages. The trajectory
parameters which effect the ascent heating of the vehicle through third-
stage burnout (altitude and velocity) are plotted as a function of flight
time in figure 7 for a particle, spherical, nonrotating earth trajectory.
The ignition and burnout points as computed for a particle trajectory and
an oblate, rotating earth are shown for comparison.

An azimuth plot is shown in figure 8 where predicted impact of the
stages is also noted. Typical track of subsatellite point after injec-
tion into orbit is shown in figure 9. Injection point, initial apogee,
and initial perigee as well as the locations of Minitrack receiving
stations are also shown in this figure. Estimated injection conditions
and orbit characteristics are as follows for the nominal trajectory:

Injection inertial velocity, ft/sec e e s e e e e s e e s e s 25,708
Injection inertial flight-path angle, deg . . « «+ + & + « + o -0.47



Geodetic latitude at injection, deg N. . . ¢ v v v v ¢ o o o 35.85
Longitude at injection, deg W. . . . ¢« v v v v v v v v v v . . =56.31
Geodetic azimuth at injection, deg from N. .+ v v & v & & . . . 10k.15
Orbit perigee, nautical miles . « + « v v v « 4 o o o o o o o o 207
Orbit apogee, nautical miles . . . . . . . s e e e e e e 527
Orbit inclination with respect to equator, deg o v e e e e e 38.0
Orbit period, min . & & & 4 ¢ 4 4 v 0 et e e e e e e e e e e 98.1

Subsequent to the work discussed herein, Explorer XIII was placed
into orbit from the NASA Wallops Station in August of 1961. Apparently
as a result of a large tipoff angle, the actual trajectory flown by the
satellite was much different from the nominal trajectory used in this
paper, and the lifetime in orbit was only about 2.5 days. Therefore no
attempt will be made in this paper to correlate flight data with the
estimates presented.

ANALYSTS AND DISCUSSION

As is well known, the function of the thermal design of a satellite
is that of temperature control during both the ascent and orbiting phases
of the satellite operation. Although this control is sometimes thought
of in terms of telemetry temperature, it is equally important for all
parts of the satellite where surface temperatures can cause permanent
damage or a decrease in reliability. This was particularly true in the
case of the Explorer XIII satellite where so many of the experiments
were mounted externally. The experimentally determined maximum and
minimum temperature limits which were the design values for Explorer XIIT
are listed in the following table. These values do not necessarily
represent temperatures where permanent damage would occur but represent
values which the designers or experimenters felt might impare reliability
or accuracy.

Component Maximum allowable Minimum allowsble
temperature, °F temperature, °F
Telemetry 120 15
Pressure cells 250 ~50
Lewis foil gages 180 -100
Goddard wire cards 300 None given
Solar cells 250 -50
Cadmium sulfide cells 200 None given
Impact detectors 250 -50

The first phase of the thermal design was concerned with the satel-
lite surface temperatures from launch until injection into orbit. This
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ascent heating phase was studied in two parts. The surface temperatures
of the satellite experienced by radiation from the heat shield were
determined analytically and by prefiring ground tests from launch until
cover ejection. After cover ejection, analytical methods were used to
estimate the maximum temperature rise to be experienced by the pressure
cells during this part of the ascent flight.

Ascent Heating - Cover On

Computing method.- From launch until ignition of the third-stage
rocket motor, the satellite is enclosed in a protective heat shield as is
shown in figure 10. A photograph of Explorer XIII with a half section
of the heat shield installed is shown in figure 1l1. The hemispherical
blunt nose tip is made of 0.125-inch-thick stainless steel and the conical
and cylindrical sections are made of two layers of 0.05-inch-thick lami-
nated glass phenolic separated by a 0.50-inch-thick inner core of glass-
fiber batting, as shown in figure 10. Temperatures have been predicted
for three locations on the heat shield; stagnation point of the hemis-
pherical nose, conical section, and the cylindrical section. The loca-
tions of these stations are also shown in figure 10.

The calculations of stagnation-point temperature time histories were
performed on an IBM 7090 electronic data processing system, using a
particle-trajectory for a spherical nonrotating earth. This program
assumes the wall is thermally thin which indicates the mean temperature
of the wall is very close to the outside surface temperature with the
inside surface insulated. The thermal properties of the 0.125-inch-thick
stainless steel at the stagnation point, and the low accelerations of the
Scout motors combine to make a thin-wall solution adequate since tempera-
ture rates of change are low and near equilibrium temperatures exist.

For velocities less than 3,000 ft/sec, the stagnation-point heat-
transfer theory of Sibulkin (ref. 2) was used tc obtain convective
heating rates. The theory used for velocities above 3,000 ft/sec is a
modification of the theory of Fay and Riddell discussed in reference 3.
The latter theory indicates the real gas effects. The program includes
only the quantities of heat contributed by convection and lost by radia-
tion. Temperature is computed step by step from the equation

= 47 -
AT = PutuCy (qconvection qradiation) (1)
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and

L
Qradiation = €971y (2)

The IBM 7090 system is also programed to handle thick-wall problems
involving the temperature rise in solids, parts of which may be of differ-
ent materials. The materials may also be separated by mechanical joints
or air gaps. The program is set up to include the quantities of heat
transmitted by convection, conduction, and radiation. The composition
of the glass phenolic walls of the heat shield on the conical and cylin-
drical sections necessitated the use of this program for calculating the
temperatures on these sections.

In order to apply the thick-wall solution, the heat-shield cross
section is analytically divided into a number of small volumes or blocks
and the general method of Dusinberre (ref. 4) is used to set up heat-
balance equations for each block. The temperature of each block is then
obtained by making a simultaneous solution of all the heat-balance equa-
tions by an iterative process. The following diagram is a typical cross-
sectional block diagram:

AT Block 1, 0.05" glass
phenolic

Block 2, 0.5" honeycomb

Block 3, 0.05" glass

*,,.;”W_“—~\\\\ phenolic
“’,‘;\ Block )4-, 0.8" air gap

~~~~~ Block 5, 0.001" beryllium

copper

Convective heating rates for block 1 were determined from the
equation

The nondimensional heat-transfer coefficient Ngi was obtained

from turbulent theory of Van Driest (ref. 5) which can be applied for
both flat-plate and conical surfaces. The adiabatic wall temperature

T, Wwas obtained from the definition of recovery factor r where

W=



N
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T - T
r = 2% 1 (u)
TT - Ty

and the turbulent recovery factor was assumed equal to NPrl/3. The

local conditions, Mach number, velocity, density, and temperature were
cbtained by using reference 6.

The radiative heating rate for a block I separated from a radiant
source II by an air gap was obtained from the equation

°<TIIh - Txu)

9radiation = R (5)
€r €11
and the external radiation was computed from the equation
L
Qradiation -e107T (6)
The equation for the conduction between blocks 1 and 2 is
_ky(Tp - Ty) 1)
Qconduction = = 7 7
If block 1 is separated from block 2 by an air mass
kp (Tp - Tq)
A\T2 1
9conduction ~ 1 (8)

The thermal properties of the materials of the heat shield which
were subjected to aerodynamic heating are given in the following table.
The thermal properties of the payload pressure cells are also included.
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k, P c,

Material Btu/sec-ft-F | 1b/ft3 | Btu/1b-°R ©
Stainless steel Lol 0.139 0.8
Glass phenolic 0.264 x 104 112 277 .8
Beryllium copper 061 516 .09 .16

Temperature time histories.- The estimated temperature at the stag-
nation point (station (1)) during ascent is shown in figure 12 from
launch to 138 seconds. The heat loss to the payload was not included
in the stagnation-point temperature computation.

Station (2) was on the conical section of the shield at a point
10 inches along the surface from the nose tip. The temperatures plotted
in figure 13 were computed by assuming that the honeycomb inner core
functioned as air as an insulator between the two layers of glass
phenolic. No heat loss to the payload was included in the calculations
of temperatures of the conical section. The station chosen for calcu-
lating temperatures on the cylindrical section of the heat shield was
32.5 inches along the surface from the stagnation point (or at a point
above the first row of pressure cells). The temperature time history of
the heat shield and the pressure cells at this point (station (3)) is
shown in figure 14 from launch until heat shield ejection., Figure 1k
indicates a maximum inside-wall temperature for the cylinder of 185° F
at cover release and a temperature of 155° F on the thinnest pressure
cell at that time. In comparing the outer-surface temperatures at the
three stations, it can be seen that temperatures at stations (2) and (3)
are considerably higher than at the stagnation point (station (1)) over
a large portion of the ascent. This can be explained by considering
that the nose-cone cap is steel but the cone and ¢ylinder are glass
phenoclic. The much lower thermal conductivity of the phenolic restricts
the inward transfer of heat away from the outside surface by conductivity
resulting in the higher surface temperatures shown, although the heat
flux experienced at stations (2) and (3) is generally lower than at
station (1).

No attempt was made to estimate the change in telemetry temperature
during this phase of the ascent since this change should be quite small.,
The combined effects of thermal isolation of the telemetry packs and the
relatively short ascent heating period should have a negligible influence
on telemetry temperatures,

Simulated ascent heating.- A preflight test was conducted by using
the prototype Explorer XIII satellite mounted inside a protective heat
shield of the type discussed (fig. 11). The satellite was instrumented
with thermocouples on the various experiment surfaces and in the telemetry

W
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packs. The heat shield was also instrumented with thermocouples at
various longitudinal stations on the outside and inside walls. Banks

of quartz lamps enclosing the conical and cylindrical sections of the

heat shield were used as the heat-flux source. The estimated external
surface temperatures given in figures 13 and 14 were used as the programer
temperatures for the conical and cylindrical sections, respectively. Fig-
ure 15 is a sketch of the test setup showing three programed temperature
locations. The same time history was used for both stations 2 and 3. A
comparison of programed and measured temperatures at these stations is
shown in figure 16. This figure indicates very close duplication of the
temperature rise and the maximum temperature estimated. The cooling rate
in the test was slower than that predicted at each station, possibly as a
result of the room environment. The effect, however, is that the test was
slightly more severe than was predicted from 42 seconds to cover ejection
at 138 seconds.

Some results of this preflight test are shown 1n figure 17 where the
calculated surface temperature of a 0.00l-inch-thick pressure cell during
ascent 1s compared with the most severe measured value on a cell of the
same thickness. Surface temperatures of the Lewis and Goddard sensors
are also shown. The data of figure 17 show surface temperature rises of
380 F for the pressure cells and less than 20° F for the Lewis and
Goddard sensors. Although not shown in this figure, an examination of
the measured temperature time history of the telemetry pack showed no
discernible rise during this phase of the ascent.

It is indicated by analysis and experiment that during the ascent
with cover on, the surface temperatures should remain below their upper
limit values, and the increase in telemetry temperature should be negli-
gible.

Ascent Heating - Cover Off

The programed ascent trajectory of Explorer XIII called for release
of the payload cover and third-stage ignition to occur at an altitude of
350,000 feet., Estimates were made to determine whether the exposed
experiments of the satellite would experience "aerodynamic" heating in
the altitude range from 300,000 to 400,000 feet with the cover off.
Reference T treats the subject of heating in free-molecule flow and was
used for the computations discussed herein since the satellite will be
in this flow regime after cover release. The estimates are made for the
case of an idealized pressurized cell with a free-molecule heating flux
and surface radiation. Solar heating is neglected in these calculations.
This effect is discussed in detail in other sections of this paper, but
was not considered here, in an attempt to isolate the heating due solely
to free-molecule flow.
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For a perfectly conducting cylinder at hypersonic speeds, the tem-
perature of the radiating surface subject to the energy flux in free-
molecule flow can be expressed

o _ [[Pexx3/2n5/252 l/unl/u

Jmpeo

where

1 molecular mass, 47.7 X 10-2h4 g (for nitrogen)
o =5.T6 X 1072 ergs/cmz-sec-oKh

The temperature T_ 1s expressed in CK.

The dimensionless parameter N 1s dependent upon the shape and orienta-
tion of the body. For a cylinder, of radius py and length 1, parallel

to the flow

o)
N=__l—-—x-Z-Q (10)

2{5(1 + 2?)

and for the case considered herein had a value of 0.035. To make the
calculations as conservative as possible, the accommodation coeffi-
cient a was taken as unity. The use of equation (9) to compute T
involved merely finding the particle speed, number of particles, and
the free-stream temperature from altitude tables (ref. 8). A summary
of the results of these calculations is presented in the following
table:

Altitude of exposed | Satellite velocity, Temperature rise due to

cylinder, ft ft/sec free-molecule heating, OF
300,000 9,000 25
302,000 9,000 11
303,400 9,000 0
350,000 9,000 0
400,000 9,000 0

N
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Although these estimates are not very elaborate they serve to
illustrate that the effect of free-molecule heating after cover release
will be negligible for the conditions discussed and that space radia-
tion heat transfer i1s by far the greater factor in this case. Surface
and telemetry temperatures as influenced by radiation heat transfer in
the space environment will be discussed in later sections of the paper.

Payload Heating Due to Elevated Rocket-Motor
Temperatures

As mentioned previously, the Explorer XIII payload is permanently
attached to the last stage of the launch vehicle which goes into orbit
with the payload. As a result, the temperature of the rocket-motor
case has an influence on the temperatures of the satellite. Figure 18
shows experimentally determined temperature time histories from the
static firing of a motor quite similar to the last stage of the Scout
launch vehicle (ref. 9). The data in this figure indicate that following
ignition of the last stage (Ar = 0), temperatures of the rocket motor
generally reach maximum values by about At = 500 seconds and then
decrease with increasing time.

An analytical program was used to consider the influence of the
nozzle temperature (point 5) and the motor-case temperature (point 3),
on the pressure cells and Lewis and Goddard sensors. To be as con-
servative as possible, a constant T at point 5 of 600° F and a
constant T at point 3 of 400° F were assumed to exist from
At = 0 minute to Ar = 28 minutes. Direct and reflected solar radia-
tion and earth thermal radiation were also taken into account. The
results are shown in figure 19.

These data show a constant increase in the temperature of the Lewis
sensors after Ar = 4 minutes with a value near the upper limit at
Ar = 28 minutes where the satellite enters the earth shadow. However,
these calculations are highly conservative since figure 19 shows values
of source temperatures after At = 600 seconds which are much less than
the constant 600° F and 400° F values which were used in these estimates.
Figure 19 indicates temperatures of 142° F and 1220 F for the last row
of pressure cells and the Goddard sensors, respectively, at
Ot = 28 minutes. The decrease in sensor temperatures from At = O
to At =~ 4 minutes 1ndicates an initial cooling due to radiation before
the effect of rocket-motor temperatures were felt by the sensors.

This phase of the thermal-design study indicated that although a
considerable rise in the temperature of the sensors is associated with
rocket-motor heating, the sensors remain within their temperature limits
when this source of heating is considered. A preflight ground test
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established that a constant temperature of 120° F on the Lewlis sensors
for 28 minutes did not affect the telemetry temperature.

Orbit Heating

A number of very good papers discussing the mechanics of orbit
heating and passive thermal control using external coatings have been
published (for example, refs. 10 to 13). For this reason only a brief
review of these factors is presented in this section of the paper,
although the equations used are derived in appendix A.

The sources of heat received by a satellite in orbit are the sun,
earth, and instrumentation onboard the satellite. Thermal design in
orbit is concerned with the temperatures of the satellite resulting from
these heating sources., The radiant energy received from the sun at
short wavelengths is determined by the solar absorptivity ag and the
energy radiated away by the surface is influenced by the total hemi-
spherical emissivity e. By selecting surfaces or coatings with the
proper ratio of ag to e, it is possible to control surface tempera-

tures (and therefore the mean temperature) within certain limits.

To illustrate, the general heat-flux equation expressed in equa-
tion (A4) of appendix A is

mc(§2> = ®gag + dpgag + dee - ATecTJ+
T

For the equilibrium conditions with the sun and earth, the time
derivative 1s zero and the mean satellite temperature is

® a rs) 8s
m4 = ( S)m ° + (Q )m + (¢e)m (11)
Aqoe Aroe Apo

P
om=.l.f o dr
P Jo

Since the largest heat flux comes from the direct solar radiation
(as expressed by the first term) it is important to select external
coatings for the satellite outer shell which will produce mean tempera-
tures over which the telemetry can operate.

where
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In practical terms, however, the problem of thermal design is to
consider the combined effects of all the exposed sectors of the satellite.
Explorer XIIT is a good 1llustration of this additional complexity. In
this case there are a number of separate exposed sectors having differ-
ent coatings and heat-sink capacities. Table II presents some material
properties used for the exposed surfaces of Explorer XITII. The differ-
ent temperatures of the sectors result in conductive and radiative heat
exchange which influence the telemetry temperature in a different manner
than would be estimated for the general case of equation (11). The
analytical and experimental approaches to the thermal design of
Explorer XIII in orbit consisted of several phases which are now
discussed.

Digital computer program.- The IBM 7090 Electronic Data Processing
System was used to compute the satellite temperatures in orbit. A dig-
ital program was set up on the basis of the heat flow paths shown
schematically in figure 20. This program considered both radiative and
conductive heat flow between the sectors.

The general equation for the temperature time derivative of a
sector denoted by subscript 1, subjected to the three external radia-
tion sources and also receiving radiant and conducted heat from a sec-
tion denoted by subscript Jj, was derived in appendix A (eq. (A7)) as

mc(%%) = Ag,1885 1 + Ac,1T(1- cos 0p)Sreas,i cos 65
1

N
+ Ac’if(l - cos ao)UTehei + Gy + 2:: hi_jCTJ - Ti)
=1

N
+ };; Ri_j(rj“ - Ti“> - AT,ieioTi“

An equation of this type was written for each of the sectors shown in
figure 20, and all were solved simultaneously at time points during an
orbital pass.

The term 1 - cos ap 1is the spherical altitude correction factor
where aq 1s defined as

Re

% = aresin g TTiae
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and accounts for the variation in radiation intensity from the earth
due to the angle at which the satellite "sees" the earth. Space orienta-
tion angles are shown in figure 21.

For any external sector of Explorer XIII it was necessary to deter-
mine the area Ag exposed to direct solar radiation and the area exposed

to reflected solar radiation from the earth A.f. Derivation of the
values of the shape factor f is discussed in appendix A, and values
for cones and cylinders are plotted in figures 22 and 253. The shape
factors are plotted as a function of the angle 17, between the angular

momentum vector and a line from the satellite to the center of the earth.
Values of the ratlo As/Ac for cones and cylinders were derived by the
method of appendix A and are plotted in figures 24k and 25 for the stable
and tumbling modes of rotation. These values are plotted as a function
of ng, the angle between the sun and the angular momentum vector.
Throughout this paper "stable mode" refers to the condition where the
satellite is rotating about the principal axis of least inertia, and
"tumbling mode" refers to the condition where the satellite is rotating
about the axis of maximum moment of inertia.

Since the first two terms in the generalized equation (eq. (AL))
drop out when the satellite is in the earth's shadow, it was necessary
to determine the times at which the satellite entered and emerged from
the shadow. The determination of these values is also discussed in
appendix A.

It was necessary to tabulate the following information in order to
compute a temperature time history for an orbital pass:

(1) Solar absorptivities and total hemispherical emissivities of
the exposed sectors

(2) Conductive and radiative heat-transfer coefficients as shown
in figure 20

(3) Mass and specific heat of materials

(4) Areas exposed to direct solar radiation and reflected earth
radiation

(5) Times of entry into and emergence from the earth's shadow
(6) Orbit characteristics
(a) Apogee altitude

(b) Perigee altitude

AU EN RN
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(c) Orbit angle variation with time (fig. 26)
(d) Altitude variation with orbit angle (fig. 27)
(e) Angle between the sun and orbit plane, ¢

(f) Angular distance between perigee point and closest point
to the sun in the orbit plane, ¢{

Several tests were made by using various subassemblies of the
satellite in a vacuum to determine the magnitude of the conduction coef-
ficients h and the radlation coefficients R to be used in this
program. It was found from these tests that the telemetry temperature
was strongly affected by conductive heat transfer through the bulkhead
from the pressure cells and Lewis and Goddard experiments. These experi-
mentally determined values were used in the computer program and the
results indicated that for continuously repeated temperature cycles,
the telemetry temperature will seek the mean temperature of the pres-
sure cells. If the telemetry temperature was taken as the mean tempera-
ture of the surrounding shell (as is commonly assumed) an error of as
much as 150 F could result for this satellite. These results serve to
illustrate the importance of considering conductive heat transfer in a
thermsl design problem.

It is also important to note in connection with this analytical
prograem that the calculated surface temperatures of the exposed com-
ponents represent mean temperatures of the surfaces at any time, where
no circumferential gradients exist. This assumption 1s also commonly
made, but it will be shown in a later section of the paper that for the
satellite in a tumbling spin considerable errors can result in some
cases unless these gradients are accounted for.

Alternative method for computing telemetry temperatures.- Although
the digital computer program was used in all cases to determine mean
surface temperatures and their combined effect on the telemetry, the
need became apparent for an alternative method by which the telemetry
temperature could be quickly estimated. Such a method is developed in
appendix A and is given by equation (A9) as

N [As b+ (1 - cos ag)re COB €|Sag . 1 - cos qp T L
Ap on oe 2 €
L

where p 1is the percent time in sunlight.
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Although equation (A9) is limited by the assumptions that conductivity
between sectors is negliglble and that the surface temperatures are uni-
form, it still proved to be a valuable working tool due to its relative
simplicity. Since results previously discussed have established that
the telemetry temperature in orbit will be essentially controlled by the
mean temperature of the pressure cells, this method showed very good
agreement with the more sophisticated method when applied to a large
cylinder having the properties of the pressure cell sector. Agreement
between values of telemetry temperature from the computer program and
the alternative method for the tumbling satellite (still assuming no
surface gradients) was within #5° F in all cases examined.

Determination of maximum and minimum telemetry temperatures for
tumbling mode.- By making use of the digital-computer program, it was
possible to make a series of generalized calculations to predict orbiting
temperature limits. In order to determine the maximum and minimum tem-
peratures to be experienced by the telemetry with given coatings on the
satellite, a family of time histories was determined for the tumbling
satellite. These studies were limited to the tumbling case since it has
been estimated that the stable condition (spimning about its longitudinal
axis) will convert to a tumbling condition (spinning about the axis of
maximum moment of inertia) in less than 2 weeks. It is therefore pos-
sible to select launch times such that both the hottest and coldest cases
will occur in the tumbling mode as is discussed in the section of the
peper entitled "Launch time effects.”

The maximum telemetry temperature for the tumbling condition will
occur when Ag/A; 1s a maximum and the minimum value when Ag/Ac 1is a
minimum, Since these values were known, the generalized cases could be
evaluated for the variables ¢ (the angle between the sun and orbit
plane) and 4 (the angular position of the perigee and the closest point
to the sun in the orbit plane). The latter variable was selected as
either 0° or 180° (perigee toward sun or away from sun, respectively)
and a series of time histories were computed for various values of e.
The results are shown in figure 28. The hottest tumbling case occurs
at ¢ =09 e =60° and has a value of 111° F. The coldest tumbling
case is for ¢ = 180°, ¢ = 0° and the value of telemetry temperature,
Tm i1s 34° F. Percent times in sunlight p for these two cases are

95.9 percent and 65.3 percent, respectively.

In order to establish whether the maximum and minimum percent times
in sunlight had been evaluated in the generalized study, & time history
of p was computed for the period of a year from a launch date of
June 15 and launch hours of 0800, 1100, and 1300 E.S.T. This is shown
in figure 29 where the minimum value of p is shown as 62.5 percent and
the maximum value as 100 percent. The apparent differences in the values
of p from the previous discussion and from figure 29 have been estimated

~N W=
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to reduce the minimum telemetry temperature to 30° F and raise the maximum
telemetry temperature to 115° F. TFigures 30 and 31 show the temperature
time histories for the coldest and hottest tumbling cases discussed,
respectively. This phase of the program served to establish that the
coatings to be used provide a satisfactory temperature environment for

the telemetry for the tumbling mode for uniformly distributed surface
temperatures.

Surface temperature distributions.- After estimates were made of
surface temperatures with the assumption of uniform surface distribution,
the method of appendix A was used to consider nonuniform temperature
distributions. Two effects of gradients are important in a thermal
design problem. One is the surface temperature itself, which may be
higher than that predicted over some of the surface and lower than that
predicted over another part of the surface; the other is the effect of
this gradient on the telemetry temperature.

Because of the low upper temperature limit of the Lewls sensors,
it is the most seriously affected experiment when nonuniform surface
temperatures exist. Figure 32 shows the calculated time mean surface
temperature distribution on this experiment from equation (A4l) for the
hottest and coldest tumbling orbits already discussed. A numerical
example 1s also given in appendix A. Only tumbling orbits need to be
considered since gradients will not exist to any appreciable degree for
a stabilized satellite with high rates of spin (ref. 1k4).

It can be seen from figure 32 that for the hottest tumbling orbit
the surface temperature can be 106° F higher or 65° F lower than the
value predicted when uniform temperatures are assumed. Therefore, from
figures 30 and 31 the highest surface temperature on the Lewis sensors
when gradients are considered may be 171° F and the coldest may be
-110° F for short periods of time. It is obvious that this experiment
is marginal as far as surface temperatures are concerned. This problem
is further complicated by the fact that the paint on the Lewis sensors
is very thin and the substrate has an ag/e value near 3.0 as measured

by two independent sources. (See appendix B.) This illustrates the
need for having the highest practical upper temperature limit on experi-
ments where surface temperatures are important.

The surface gradient effects of figure 32 for the coldest tumbling
orbit are moderate, varying #9° F on the average from the predicted
value with uniform temperatures. This difference in magnitude of
gradients between the hottest and coldest cases 1s explained by con-
sidering the satellite position with respect to the sun. For the hot-
test case ng = 0° and as the satellite tumbles, one side remains con-
stantly sunlit; therefore, circumferential gradients are larger. In
the coldest case, ng = 90° and all of the area is alternately 1lit

during each tumble. Gradients are smaller in this case.
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It will now be shown that 1f the telemetry temperature is being
influenced totally or in part by conductivity, the existence of surface
gradients on external parts such as shown in figures 32, 33, and 34
will influence this temperature in a manner different from that pre-
dicted for uniform surface temperatures.

As an example, consider a telemetry unit whose mean temperature is
controlled by conduction from a cylinder of the type discussed in
appendix A. This is a tumbling cylinder with the material properties
given in the numerical example of appendix A which represents the Lewis
sensors. Let the cylinder have insulated ends, nonradiating inner walls,
and let the principal axis of the cylinder be at right angles to the sun.
Figures 33 and 34 show the surface temperature distribution around such
a cylinder of wall thickness of 0.02 inch and 0.04 inch, respectively,
as determined from the linearized solution developed in appendix A.

This linearized solution however has been found not to satisfy the con-
dition of equilibrium where absorbed heat must be equal to the radiated
heat. Equation (A38) of appendix A defines a constant 2Z as

I
7 N 21me
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where Tp 1is the mean temperature of the cylinder when uniform tem-
peratures are assumed. Integration of the linearized solution will
yield the denominator in this expression. When the constant Z 1is
multiplied by the surface temperature values from equation (A37) the
resulting curves (labeled "corrected linearized solution" in figs. 33
and 34) show excellent agreement with the numerically integrated solu-
tions shown in these figures.

To consider gradient effects on telemetry units controlled by con-
duction from such a cylinder then, the surface temperature distributions
are computed from equation (A37) and integrated to get a mean T  value.
The ratio of the mean T for no gradients to the mean T4 from this
equation is the constant Z% which corrects the telemetry temperature
for gradients. For this problem, Z = 0.954 and Ty = 419° R for the
uniform temperature condition. The mean temperature with gradients
therefore is 399° R, indicating a decrease of 20° F in telemetry tem-
perature if it is driven by the cylinder.

Although this example has been used for illustrative purposes, the
values are not directly applicable to the Explorer XIII satellite. The
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surface temperatures of figure 33 are applicable to the Lewis experi-
ment for the conditions discussed but the telemetry of Explorer XIIT
is in reality rather insensitive to the Lewis sensors.

The following general comments can be made as a result of this
part of the program. For a spin stabilized satellite the assumption of
uniform surface temperature distribution is satisfactory. For a tumbling
satellite, strong circumferential gradients can exist which are more
severe for hot orbits than cold orbits. The effects of surface gradients
are to produce a mean temperature which is lower than that predicted by
assuming uniform temperatures; thus, a reduction in telemetry temperature
is caused if it 1s strongly influenced by conduction.

Launch time effects.- Having established that the coatings to be
used provide a satisfactory temperature environment for Explorer XIII
in the tumbling mode over its lifetime in orbit, the next phase of the
thermal design consisted of an evaluation of initial temperatures at
injection into orbit for a particular launch date and hour. A launch
date of June 15, 1961 was used for the data discussed herein.

The variation of AS/AC of cones and cylinders with 75 in the

stable mode of rotation (figs. 24 and 25) shows that the stable values
are very strongly influenced by ng in comparison with the tumbling

mode. This effect can be used to advantage in selecting a launch hour
since the satellite will be stable at injection into orbit. A plot of
Mg at injection for various launch times on June 15 is shown in fig-

ure 35. A value of 174 = 0° would indicate the nose cone pointed
directly at the sun, and for ng = 180° the nozzle is pointed directly

at the sun. It can be noted that this latter condition will occur for
a late evening launch.

A series of time histories for the stable satellite was computed
for various launch times and the resulting telemetry temperature values
are shown in figure 30. Values computed for the tumbling satellite are
shown for comparison., It i1s apparent that late evening launches must
be avoided. The two curves shown in figure 36 indicate that with the
exception of launch times between 1430 and 1830 E.S.T., telemetry tem-
peratures are within limits for the stable mode.

Because of several instrumentation requirements, the launch time
for Explorer XIII could not be selected solely on the basis of telemetry
temperat—- 2 additional requirement was that the satellite not
- nercent sunlit orbit while in a spin stabilized

Aition can result in a battery overcharge problem.
consider the look angle between the solar cells
the effect of launch time on the lifetime of
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the nickle cadmium batteries. Conslderation of these four factors indi-
cated that the launch time should be between 1000 and 1330 E.S.T. for
the June 15 launch date consldered. Calculations showed that between
the period of June 15 to July 15, the effect of launch day on initial
telemetry temperature was negligible. Figure 37 shows surface tem-
perature time histories for the stable satellite launched at 1200 on
June 15,

For the range of launch times considered it was also necessary to
evaluate two effects which might be introduced by the last-stage launch
vehicle velocity and flight-path angle at burnout. As pointed out in
reference 10 should the flight-path angle at burnout be different from
the nominal value, perigee will not occur at burnout and the apogee and
perigee altitudes will change. If the injection velocity 1s different
from the nominal, only the apogee and perigee altitudes will change.
These effects were examined separately for the stable satellite to deter-
mine the changes in telemetry temperature resulting from selected error
values at the launch times considered. The results are given in the
following table:

Change in initial telemetry

Error effect temperature, of

Flight-path angle in error +1° <+5
Perigee altitude in error *50 nautical miles <F2
Apogee altitude in error #100 nautical miles <¥5

Although it is possible to select a launch time for which initially
acceptable conditions will exist for a spinning satellite of cylindrical
shape, two other factors are important if the satellite remains spin
stabilized for a long period of time. First is the possibility that
during the lifetime of the satellite the extremely cold case may be
encountered where the minimum area may become exposed to the sun. The
second is that of "wandering" of the angular momentum vector in space,
as indicated by analysis of data for Explorer IV (ref. 15). The first
condition might be eliminated by the use of a very highly inclined
(nearly polar) orbit. But if the second condition existed. as in ref-
erence 15, the spinning satellite could still have anyv 3

therefore a different mean orbit temperature. If ¢
long periods of time 1s essential, the use of ac’
or attitude orientation devices appears more r
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shaped satellites. However, since Explorer XIII should begin to tumble
within 2 weeks after launch, estimates have established that these
effects will not be seriocus for the launch times considered.

Materials Evaluation

In the thermal design of the Explorer XIII satellite, materials
evaluation was considered as an integral part of the program. This
applied not only to the flight hardware to be used but was a large part
of the development of the satellite itself. Since the time available
to develop Explorer XIIT was relatively short, materials or coatings
which had performed satisfactorily on earlier satellites were used wher-
ever possible. A number of proof tests were conducted however on these
and other materials and coatings. The results of some tests of general
interest given in appendix B are

(1) Effects of long-term vacuum ultraviolet radiation
(2) Effects of high-energy proton radiation

(3) Measured solar absorptivity and total hemispherical emissivity
values

Additional tests were conducted to observe

(4) Effects of temperature cycling and long-term hot and cold
soaking periods in a vacuum

(5) Effects of solar radiation in a simulated space environment

Another possible environmental effect on the thermal control sur-
faces of a satellite is that of erosion arising mainly from micro-
meteoroid impact and sputtering due to collisions with neutral and
charged atmospheric particles. Tests for these effects, however, were
not considered mandatory for Explorer XIII for several reasons. Cal-
culations and tests to study these erosion effects are discussed in
reference 16. A study of these data indicated that Explorer XIIT should
not be seriously affected by these sources for a yYear in orbit. In addi-
tion, all the external coatings on this satellite (with the exception of
the paint on the Lewis sensors) have been flight tested on earlier
Explorer and Vanguard satellites and no adverse erosion effects had been
noted.

Aiscussed in appendix B consisted
" alloys. Beryllium copper,

some tests. Coatings were

7ide and silicone monoxide
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surface deposits. Various external treatments to the basic steel and
aluminum surfaces were also examined.

Although the evaluation work done in this program was in the nature
of relatively crude proof testing, some general conclusions can be made.
Long-term ultraviolet radiation at one intensity in a vacuum had little
effect on the basic metals tested. Optical properties of white paints
were all affected to some degree and some were discarded because of
extreme discoloration in less than 100 hours. Acrylic based white palnts
and the aluminum oxide coating showed good resistance to ultraviolet
discoloration after almost 400 hours.

Proton radiation tests at 22 Mev for 5 minutes had very adverse
effects on the performance of solar cells and transistors. Of the
materials tested, quartz glass and silicone rubber adhesives changed
color in the radiated area. Silicone rubber showed a large reduction
in ultimate tensile load and elongation after exposure.

Absorptivity and total hemispherical emissivity data were deter-
mined experimentally for a number of promising spacecraft materials and
coatings. These data are presented in tabular form and discussed in
appendix B.

These and other materials-evaluation tests were of great value in
selecting and evaluating materials and in many cases supplied informa-
tion which could not be reliably obtained from other sources. From the
engineering viewpolnt, a satellite thermal design problem should include
extensive materials evaluation experiments wherever possible to obtain
the highest degree of reliability.

CONCLUDING REMARKS

The preflight study of the passive thermal design used for tempera-
ture control of the Explorer XIII (1961 Chi) satellite established the
following results:

The temperatures of the exposed sensors and the telemetry units
will remain within the desired limits throughout the lifetime of the
satellite.

Ascent heating with the protective heat shield in place did not
have a large effect on temperatures ~f ~a1
temperatures of 113° F were indi~
reached values less than 800 ¥
telemetry temperature duri
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Following ejection of the protective heat shield at 350,000 feet
(third-stage ignition) there were no aerodynamic heating effects on the
satellite.

Temperature increases in the case and nozzle of the last-stage
rocket motor during burning and after burnout had a considerable effect
on the sensors mounted in the area of the rocket nozzle although the
temperatures of these sensors did not become excessive. A maximum sur-
face temperature of 172° F was indicated for the Lewls sensors and 1420 F
for the rear row of pressure cells.

Orbit heating calculations for the spin stabilized mode indicated
that extremely low telemetry-temperature values could be experienced if
Explorer XIII remained spin stabilized over a long period of time. It
was established however that for the short stable life of this satel-
lite, the temperatures were tolerable for the launch times selected.

Orbit heating calculations for the tumbling mode indicated maximum
and minimum telemetry temperatures of 115° F and 30° F, respectively.
It was found that some of the external surfaces could be subject to
extremely large temperature nonuniformities in this mode of spin
resulting in hot and cold spots on the surfaces.

Thermal conductivity between various sectors of the satellite was
found to have an appreciable effect on the calculated value of telemetry
temperature.

The largest possible amount of materials evaluation and testing
should be conducted to achieve high reliability of the surfaces and
coatings to be used.

Langley Research Center,
National Aeronautics and Space Administration,
Langley Air Force Base, Va., January 3, 1962.
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APPENDIX A
DEVELOPMENT OF EQUATIONS

General Heat-Flux Equation

To begin the development of the general heat-flux equation, consider
the radiant heat exchange between two bodles separated by a distance so
great that reflections between their surfaces may be neglected

)2

In this sketch let the element dA emit radiant heat with inten-
sity J(0,0), the heat flux from dA is J(0,0)dA. If this radiation
is perfectly diffuse, it 1is possible to define the heat-flux distribu-
tion on the hemisphere of radius p. The intensity is proportional to
the cosine of o, so the flux distribution at (a,pp) must be

J(O, po) cos a, where J(O, po) is found by integrating the heat flux
over the hemispherical surface and equating it to J(o, O)dA

ﬁ J(O,po) cos a dS
S

J(0,0)aA

where

2 sin « da ag

ds Po

J(0,0)dAa = J(0,p) j;enj;ﬂ/2(p02 cos a.)sin a da d¢

/2
J(0,0)aa = o 2 :tJ(O,p)[sinzc.]o = ﬂJ(O,p)poe

0
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J(0,0)dAa

J(O) p) =
np02 (A1)

From equation (Al) the heat-flux distribution on the hemisphere becomes

J(0,0)cos o dA
2

e A—
0

If a body has area AP projected on this hemisphere the elemental heat
flux received by the body from dA is

J(0,0)Ap
4 p02

If a spherical coordinate system is centered at the body as indicated
in the following sketch

Z A

\\ |

D _Ap

Sos x dA becomes sin a da d@ then
002
0
J(a,P)A
49 = I(a, Pap sin a da dg (A2)

n

and

5 a
o = % L/; “\/; 0 I(a,B)Ap(a,P)sin « da ag@ (43)
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To illustrate equation (A3), the heat flux on a spherical satellite
from the earth thermal radiation is calculated. Assume that

I(a,p) = cTeLL

AP(G’J ¢) = Ac
then
oy
e = 2b/\ 0T Ac sin a do
0 L
1
7
L o)

= -20T, Agjcos a >
© ]o 7

2AL0T M1 - cos ag) = %goTeh(l - cos ag)

The factor 1 - cos ) is called the spherical satellite altitude

correction factor. In a similar manner it is possible to calculate the
heat received from all the sources acting on a satellite. The two sources
giving external heat to the satellite are the earth and sun. From the

sun comes direct solar radiation and the solar heat reflected by the
earth onto the satellite; also, there is direct radiant energy from the
earth. If a satellite is influenced by these sources only, the total
heat flux may be written as

dT I
mc(a:) = d.a  + ¢rs§rs + P8, - ApeoT (ak)

Throughout this paper it is assumed that a, = e and &, = ag-.

Equation (A3) may be used to calculate the heat flux from each
source. To calculate the heat flux on Explorer XIII, the heat-flux
integrals were simplified enough so that closed solutions could be found
in the tumbling mode and were integrated numerically in the stable mode.
The long time phase of Explorer XIII is with the principal axis at a
right angle to the angular momentum vector. In this mode the area Ap
was taken as the time average area projected to a viewer for a given
angle between the momentum vector and the viewer n,. The area varia-
tion was represented by

K=N

Ap(n) = E: iy cos Kn
K=0
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where the values of 1) were determined by the theory of Fourier series.
In all cases the error in Ap(n) introduced by this approximation was
less than 3 percent. If J(a,f) is constant, &, is obtainable

in closed form. The flux ¢ was calculated by

1l

% = J(0,0)Ac(1 - cos ap)fe(ne)

where

2n
u[‘ Jf AP(a, sin o da 4@

(l - cos ao)

fe(ﬂe)

The general heat-flux equation can now be developed. The reflected
solar heat flux is approximately

bpg ~ AJ(0,0)f . (1 - cos ag)cos 65 (a6)

where

frg = To
The errors introduced by this convention are of minor importance for a
tumbling satellite and are discussed in reference 10. The direct solar
heat flux &g 1is merely

o, = SAg

where Ag 1is the area projJected to the sun. Now assuming uniform tem-

peratures on the different external components the heat radiated away
by the body is

ApeaT"

The assumption of uniform temperatures will introduce an error because
usually large circumferential gradients will exist (and possibly lon-
gitudinal gradients if two thermally linked components have different
mean temperatures). These effects will be discussed later in this
appendix; however, for the sake of developing the heat-flux equation,
uniform surface temperatures are assumed, and the subscripts i and
denote two sectors with heat flow between them. For sector i, the
general equation may be written as
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4T -
mcci;)i = AS’:,_Sa.B,i + Ac,if(l - COos ao)Sreas,i cos B4

N
+ Ag (1 - cos ao)aTehei + G + zz hy_35(Ty - Ty)
J=1

N
+ Z Ri_J<TJb' - Til‘) - Ap ieo‘Tiu (AT)
J=1
where
Gy internal heat generated
h conduction coefficient
R radiation coefficilent

Equation (A7) is the most general equation for the heat flux on a satel-
lite's components and is different from equation (AlL) since it considers
all possible heat transfer between components.

Shape Factors

In order to calculate shape factors for equation (A7) it was neces-
sary to first determine the area distribution for the satellite sectors
for both stable and tumbling spin modes. To 1llustrate this, the area
distribution for a cone will be calculated with the symbol notation
shown in the following sketch:

Z

~NW
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From this sketch, the area of the small shaded triangle is

02
dA=-é—sin5d¢

let
_)
aA = n(da)

—_—
To the viewer V' the projJected elemental area is v-dA where the
limits of integration are fixed by

V-dA =0
Also from the sketch
0 = i(cos & cos @) + J(cos & sin @) + k(sin B)
v = i(sin n) + j(cos 7)
-5
ven

Then = (sin 7 cos & cos ¢) + (sin & cos 1)

cos'l¢l 02
Ap = 2U/‘ (sin n cos & cos § + sin & cos n)E; sin & d¢
0]

and the integration limits are fixed by

cos @ = -tan & cot n

The resulting expression 1s

¢
Ap(n) = pz[(Sin n cos 8)sin @ + (sin & cos n)¢] sin &
"0
with the convention that
cos 1 = -tan B cot 7 ((tan 5 cot 1) < l)
¢l = x (-tan & cot 1 < -1)
¢ =0 (-tan & cot n > 1)
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This is the area for a cone for view angles n 1if the cone 1is spinning
about its principal axis. For the cone in a tumbling spin (i.e., with
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the momentum vector at right angles to the principal axis)
E

o7 /2

n.———A Principal
1 axis

<y

2n
= 1
AP(n)tumbling T 2n u¢; AP(nl)stable ap

where cos ny = sin 1 cos ¢ and Ny is a dummy variable. This integral
is easily evaluated numerically and the results may be fitted to

o«

A
_P(n) = Z i cos Kn
Ae K=0

A
where K 1s an even integer because Kf(n) has double symmetry and

can be truncated with a high degree of accuracy for K > 4. With trig-
onometric ildentities this series can be changed to the form

(2]
Ap | Z K
== = I, cos
A. T])twnbling K "
K=0
but

(cos n)K = (cos ne cos a + sin 7 sin a cos ¢)K

so that equation (A3) can be integrated analytically to find the required

A
shape factors. Let Kg(n) be expressed by
¢

A
Pry .
Kg(n) ~ig + 1, cos 27 + i)+ cos ULn

)
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This expression can be represented by

A
Kg(q) ~ Ig + I2 coszn + Iy cosun

where

Io= (io— 12 +i)+)

b
no
I

= (21p - 81y)

after substituting for cos 7

cos M = cos Mg cos a + sin n, sin a cos @

The results are substituted into equation (A3) and the resulting shape
factor is

21
(l - cos co)f(ne,do) s 210(1 - cos ag) + _TQ coszne<l - 0055%)

+ %g sinene[Q - cos ao(sinea,o + 2)] + E;—h cos,‘tne (l - cossa.o)

I
+ 5% sinu'qe[S -3 sinuao cos ag - b4 cos cz.o(sinza,o + 2)]

+ g- I, coszne sinane {% - cosaao(singao + %—)J

This equation gives the shape factor for earth thermal radiation for any
body whose area distribution is expressed with sufficient accuracy by
the equation

A
Aﬁ(n) ~ ipg + ip cos 27 + iy cos Ln
c

Values of f(n) are plotted in figure 22 for a LS50 cone at an altitude

of 400 nautical miles. Calculated area distributions for a 45° cone for
both the stable and tumbling conditions are shown in figure 24.
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Alternative Method for Mean Orbit Temperatures

In order to determine a check for possible errors in the general
method, an alternative method was developed, by which the mean tempera-
ture Ty of any sector during an orbit pass could be obtalned for the
tumbling satellite by a relatively simple analysis independent of the
IBM 7090 program and 1is based on the heat transfer between an infinite
flat plate and the satellite.

First it is necessary to find a unit heat-flux distribution as a
function of mn.. Consider the following sketch, where the plate's normal
represents the satellite surface and dS 1is an element on the earth's
surface.

X

Axis of plate's
rotation

Plate's normal =<

ds

Z - earth

Equation (A2) can be expressed as
J(0,0)
aJ(@,a) = ——2—* cos 9 sin o da ag

and where cos 8 = sin a cos § then

b1
I_ ¢0 x
2
J(¢o) = g-(—?tLol fﬂ \f sin®q cos ¢ da 4@ = J(—Oé'o—)(l + cos ¢O)
- 0
2

Now let @y =1, so that

~N N~
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J(1e) = gL%’-Ql(l + cos Te) (A8)
By integration over the surface of a sphere

A
0 = — J(0,0)
2
The exact expression for & sphere and a round earth is

) Ap J(0,0) (1 - cos agp)

e T o

Further integration shows that, for a tumbling cone or cylinder
with their axis of symmetry perpendicular with the axis of rotation,

P = il J(0,0)
2
When the altitude correction factor is applied for any nonconcave sur-

face satellite ¢ = é? J(0,0)(1 - cos ag). Numerical checks have shown

this expression to be in close agreement with the more sophisticated
method. Following the convention previously developed that

frs = fe

the total heat-flux equation can be expressed ac

me %% = ASSaS + %;(l - cos ag)cos O45reay + é;(l - cOs (1,O)e0‘I'e)+ - ATet'.f’I‘!1L

Let cos 85 = cos € cos & and let the temperature time history of the
satellite be repeated over each orbit, then

P daT
R
0 ar

4aT
Also assume that the orbit is circular and integrate a— through one
T

orbit period P to obtain
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QAgSag + Ap(l - cos ag)cos €Sreag + wAp(l - cos ao)eoTéu - 21tATeaTmLL =0 .

Division by 2n gives

Aq ] Ar 4

Q
ATeonu = [AS 5; + 5;(1 - CcOs ao)cos ereJSaS + 2?(1 - COs ao)eaTé

or

r - ] - 0

) TA (1 - cos ag)re cos €lsag (l cos a0> L
Tt - L p 4+ ; + T A9
m LAT P o joe 2 e (49)

PN RUVEE gy

for any sector with uniform surface temperatures. In equation (A9), p

is percent time in sunlight and € is the angle between the orbit plane
and a vector from the center of the earth pointing to the sun. A term

by term check of this equatlon shows that the first term is exact, the
second term contains errors already discussed, and the last term has about
3-percent error if the orbit is circular, and the satellite is tumbling.

Percent Time in Sunlight

In order to calculate any orbit temperature time history it is
necessary to know the times in and out of the earth's shadow (or per-
cent time in sunlight). A method of determining these values for an
eccentric orbit is now developed. The equations for percent time in
sunlight are based on & right-hand, orthogonal, nonrotating coordinate
system with the z-axis alined with the earth's axis of rotation (North
Pole), and the y-axis perpendicular to a line in space connecting the
centers of the earth and sun at the summer solstice as shown in the fol-
lowing sketch:

Orbit plane

Perigee
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where

¢AN angle (measured in plane of equator) between x-axis and
orbit ascending node

A angle (measured in plane of orbit) between ascending node and
orbit perigee

I orbit 1nclination relative to equatorial plane

Iet the x',y',z' axls system lie with the z'-axis perpendicular to the
orbit plane and the x'-axls passing through orbit perigee. To express
the satellite's position relative to the x,y,z system use the following
matrix transformations:

y'I = T(NT(T)T(f,y ) yl

by 5

where
= -
cos ¢AN sin ¢AN 0
T(¢AN) = |-sin @,n  cos Py O
0] 0} 1

R o |
™I) = |0 cos I sinI
L? -sin I cos I
rkos A sin A O
T(A) = |-sin A cos A O
0] 0 1

so that



x"L <cos Acos B, - sin A cos I sin QA.N) (cos A sin ¢AN + sin A cos I cos ¢AN) (sin A sin I) X
y' )= K-sin A cos ¢-\N - cos A cos I sin QAN) ‘_sin A sin ¢AN + cos A cos I cos ¢A.N) (cos A sin I) ¥
! N .
|
z-J L (sin I sin ¢AN) (—sin I cos ¢AN) (cos 1) _

where [ ] denotes square matrix and {} denotes column mstrix. The

x'-axis may be made to coincide with the satellite by adding the orbit
angle 5 to A since x' and y' 1lie in the orbit plane. Then the
satellite unlt vector position is

x' = x[cOS(7\ + B)cos ¢AN - sin(A + B)cos I sin ¢AN] + y[cos(% + 8)sin ¢AN
+ sin(A + 8)cos I cos ¢AN:I + z{sin(?\ + 8)sin I]

Next take an axis system (x", y", z") which lies in the ecliptic
plane and let x" point toward the sun as shown in the following sketch:

Ecliptic plane

Equatorial plane

W]
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so that
x" X
y' P o= T)T(i)(y
2" zZ
where
cos 1 0] sin i
T(1i) = 0 1 0
-sin 1 0 cos 1
cos sin Q 0
T(Q) = |-sin Q@ cos QO
0 0] 1
Therefore,
x" cos N cos i sin Q cos ¢ sin 1] (x
y' »=Il-sin 2 cos i cos N =-sin Q sin i|{ ¥y
z" -sin 1 0 cos 1 z
and
x" = (cos Q cos i)x + y(sin 2) + z(cos Q sin i)

1"

Because x is the sun's unit vector position,

cos B8g = x'ex" (A10)
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cos B = (cos Q cos 1 cos Buy + sin Q sin ¢AN>cos(R + B)
+ (cos 2 sin 1 sin I + sin Q cos I cos ¢AN

- cos Q cos 1 cos I sin ¢AN>sih(K + 8)

and if A equals the first term in parentheses and B equals the third
term in parentheses, this equation becomes

A cos(A + 8) + B sin(A + 8)

cos B4

(A cos N+ B sin A)cos & + (B cos A - A sin A)sin &

1]

But this form is equivalent to
cos g = cos € cos(B - {) = cos € cos { cos & + cos € sin t sin & (A11)

so that

COSs € = VAQ + B2

A cos AN+ B sin A
cos €

cos £ =

Bcos A - A sin A
cos €

sin ¢

The terms ¢AN’ A, and Q are expressible in the form

Pay = B0 + 9D
A=y + D
Q=Q0+AQ

where ¢o, )0, and g are initial values which may be determined

graphically from the orbit plotted on a round globe and dots denote
differentiation with respect to time. The terms ¢ and A are produced
by an oblate earth and may be determined from reference 17, and D is

~N ]
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b3

the time elapsed in days since the launch date. The term ) is the
sun's movement relative to the earth in the ecliptic plane since the
launch day.

X0 Satellite

Sun -(f ——}'——'

Terminator
If the earth's shadow is assumed to be cylindrical, the satellite
enters or leaves the earth's shadow when

ag = 1 - Bg (0 Seg S

ag = 8g - = (ﬂ§es§2ﬁ)

Actual intersections occur only when

so that extraneous intersections may be excluded by comparing cosines.
Therefore, an intersection occurs only when

cos ag = -CcOSs es

To solve this equation, first make a family of plots for -cos 65 as
a function of 8; with

e = 0° 5° 10° 15°, . . . 90°

and 81 is a dummy variable; also make a transparent plot of cos ay
as a function of &. To aline these two plots notice that cos 85 is
0 and increasing negatively at

(5-¢) =3
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or

from the (-cos 6g) plot coincides with & = % + { on the following
cos ag plot:
1.0

cOos 00

-cos Bg

85, radians

The sunlight intersections are shown by *the two arrows, and the satel-
lite 1s in the earth's shadow when

-cos 8g > cos qg

These intersectlons may be converted to time from a plot of time against
orbit angle.

W=l



N N

45

Surface Temperature Distributlons

The method developed in this section is concerned with surface
temperature distributions due to a combination of two effects; the
circumferential distribution on a cylinder wall from nonuniform 1illumi-
nation and the position of the satellite in orbit with respect to the
heating sources. The effect of surface distribution on the telemetry
temperature will also be developed.

To arrive at expressions for circumferential gradients, begin by
considering a thin-wall cylinder exposed to direct solar, earth thermal,
and reflected solar radiation. Let the cylinder's ends be insulated,
also let there be no heat transferred by radiation on the cylinder's
inner walls. The cylinder is assumed to be in a circular orbit and in
a tumbling mode such that its principal axis 1s at a right angle to its
angular momentum vector as shown in the following sketch:

Source

The direct solar heat flux per unit area on the cylinder's wall
is S cos n. By the law of cosines from spherical trigonometry

cos 1 = cos 1 cos A + sin ng sin A cos ¥ (A12)

If the cylinder is spinning fast enough so that the temperature fluctu-
ations over one cycle are small, the incident heat flux per unit area
on each point of the cylinder may be taken as the average during one
cycle. The direct solar heat incident on the cylinder surface 1is

HS cos 7
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where H has a value of unity when the satellite is in sunlight and zero
in the earth's shadow. The term cos n is defined by

T
i f cos*n ay
T Yo

where ¥ denotes that all negative values of cos 7 are taken as zero.
Because of the symmetry of cos n with respect to Ns»

A

7
0 < ng Fl

A<~

o
A

with this convention cos n 1s negative for

cos™1 (—cot ns cot A) Sv<n

so that

cos 1 = %Kcos Tg COS A)w + (sin ng sin A)sin ﬂ (A13)

where V¢ 1is defined by
cos ¥ = -cot ng cot A

The two cases of interest in this paper are

ﬂs=0

DW=
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kT
1£ ng = 0, then
cos g = cos*A (A14)
and if 1wy = %, then
o8 Mg = = [stn 4| (A15)

From equation (A8) the earth thermal and reflected solar radiation for
low orbits is approximately

g-(gé‘-g-)-(l + cos 'qe)

Because this expression i1s nonnegative, the negative values of co8 1
may be included in the integration and

—_—_1
cos n, = E(cos Ne CO8 A)ﬁ
= cO8 no €08 A (A16)

the expressions relating n,, Ng.» and 64 are found by vectors

8un
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Let the XY-plane be the orbit plane with the X-axis passing through the
perigee and 75 be the angle between the satellite angular momentum

vector projection onto the orbit plane and the local horizon at the
orbit perigee, with v Dbeing the angle between the orbit plane and the

-
angular momentum vector. Let R, be an arbitrary unit vector originating
at the earth's center, then

—

Ry,1 = (§L>sun = (cos € cos )i + (cos € sin ¢)j + (sin €)k

Ry = <§;>satellite = (cos 8)1 + (sin B)y

- Y
Ry,3 = (Ru>momentum veotor = (cos v sin y5)i + (cos v cos 7g)J + (sin v)k

Therefore, the following quantities may be written:

5-§§ = -COS Vv sin(yo + 6) (ALT7)

R
€O8 Mg = =Ry, 378y,

b

= =
cos Mg = Ru,l'Ru,5
cos v sin 70 cos € cos £ + cos v cos 70 cos € sin { + sin v sin ¢

cos v cos e sin(yg + g) + sin v sin €

cos 6, = R _*R = cos e cos(d - t) (A18)

The term J(0,h) has been defined as the radiant heat intensity per
unit area received by a plate, at a distance h from the earth's surface,
and whose normal passes through the earth's center. The flux per unit
area leaving the earth's surface is approximately

cTeh + reS cos Bg = oTeu + reS cos € cos®(® - t)

~ N
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and is multiplied by the correction factor

2 sin@ %g = (1 - cos ag)

a,r.S
Therefore J(O,h) 1is approximately 2 sin® %? eaTeu<l + =€ cos € cos*%

eoTy

where £ ~ 8 - { for near circular orbits. The solution may be simpli-
fied by writing

8greS
1+ [ \cos ¢ cos™t = E:: by cos K
eoT K

If
agreS
g = — cos €
edre
then
g
by =1 + 2
Y n
g
b o= 2
1753

bK = g—g-(-l)K/g[-——i——-] for even values of K

0 for odd values of K, if K> 2

oy

the term cos 1, may be written as

COS g = -COS V sin(yo + 8>cos A
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since

E =8 - ¢
then

70+6-.=(7O+g)+§

so that the earth's contribution to the cylinder's heating is approximately

s:Ln2<S22>ea‘I‘e)'L 1l - cos v cos A sin [(70 + ;) + g] bo
+ zs:in2<z9.>ec‘1'eLL 1 -cos v cos A sin (70 + ;) + ¢ i: bx cos Kt
2 K=1
J(0,h —
Ao ()

By trigonometric manipulation the earth's contribution becomes

sinz(ge(—)->eo‘1‘e“'bo - sinz(ggg)eo‘l‘el‘cos v cos A sin [(70 + C) + E] bo

2
+ sin2(a'20)e(ﬂ.e1+ Z bx cos Kt - sin (O’O)eo‘re“cos vV cos Az bk (sin [(70
K=1

+ ;) £ (1 + K)g] + sin [(70 + g) + (1 - K)g]} (A19)

To complete the direct solar heating assume

coB 1, = Z ax cos KA (A20)
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Now let ng = so that

T
2

1 sin A

cOoSs T]s = -7?

The constants ag determined by the theory of Fourler series are

a:.g_

(0] 72

al=0
L 2

ayg = —E(l - K ) for even values of K
Tt

ag = 0 for odd values of K

The time dependent differential equation governing heat flow is expres-
sed as
t
VeT + 9_ =.l.§E (A21)
k ol OT

where Q' 1s the rate at which heat is being internally generated per
unit volume of mass. Physically there is no internally generated heat,
but for the case of vanishing radial gradient the nonlinear radiation
boundary conditions may be considered as internally generated heat.

For a cylinder of radius o and thickness t,

', 2 . 24sa. cos m 0.2 po— 2eqTH
Q P ) fg HSag cos n_ . o J(O,h)(l + cos qe)e fo eoT

k kt 2kt kt

where k 1s thermal conductivity.



= E ag cos KA + po2sin2 —

b
o
k tk ar

Pp Q' po7liSas o <°’o)e<ﬂ’ e

cos v cos A sin[(yo + g) + g] bg

+ pozsin <&> Z cos Kt

K=1
2 Sinz/fg\\eﬁeu cos v cos Ai sin +¢) + (1 +K)t
o T2 \T k=1 x [(70 ) ]
2egTH
+ sin[(yo + g) + (1 - K)g} - @{z_ (A22)

where H 1s unity when the satellite is in the sunlight and zero when
the satellite 1s in the earth's shadow. Let

T~ up 3(T - Ty) = UdT - 3mgt

~ =]
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where 6 is the time derivative of the orbit angle and a? 1is the
thermal diffusivity.

The differential equation may be rewritten as

3%y M oo\ ar 2
-—-——mT--_—_—>—=—5um-HusZaKCOSKA
w2 Tm o/ ot K=0

Q
sin2<?-§>ueb0 + sin2<_29>cos v cos Aug sin [(70

g) + g} by - Sin‘?(%)He i b cos K¢

+

K=1

sin2<i§.>cos v cos Aug g b—EE sin [(70 + g)

—+

+

(1 + K)g.] + sin [(70 + g) + (1 - K)g}

To determine T(t,A), which is the surface temperature as a function
of the orbit position and the angle A, assume & solution of the form

T(g,A) = Ty + Tp (A23)
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where
Tp(g,A) = H{% Ag(t)cos KA] + cos A[Bo(g) + BK(g)] + [Co + CK(g)] (A24)

and Ty 1is the solution for no heat generation. If the assumed solu-
tion is operated on by the differential equation (A20) then

H{.K2 Kzi; Ag(¢&)cos KA} - cos A[Bo(g) + BK(g)} - ;"j Z Ag(t)cos KA

m

2 o]
+ cos ABo(&) + Br(z)] + [co + cx(8)] ) - (-p_—°> H; A'(&)cos KA

o

+ cos A[BO'(é) + BK'(E.)] + [CK'(E.)]}

H<us — ag Cos KA) + cos A sin2<%>cos VHe én [(70 + g) + E,] bg

Pﬁ

+ - Z_K- {sin [(70 + g) + (1 + K)g] + sin[(7o + C) + (1 - K)é]})
e fghen] - il £ o]
K=1

where prime denotes differentiation with respect to ¢. This equation
must be an identity and when similar parts are equated, the following
equations result:

2
-K2Ax () - u—:'i Ag(g) - (%) Ag'(8) = -ugag (A25)

m

2
_Bo(g) - ;‘Eﬂ BO(g) - ( )BO (¢) = sin (c;o)cos VHe sin[(yo + g) + g]bo

(A26)

W]
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-B(t) - i:;— Bg(t) - <EO>2BK (¢) = 51n2<_>cos Vilg i( >{sin {(70 + 1)

K=1
+ (1 + K)g] + sin [(70 + g) + (1 - K)gD
(A27)

I
- -T-I—iﬂ Co = -2, - sin2<-022>pebo (a28)
I ©

- EEE Cx(e) - <%?520K'(§) = —sin2<%?>pe zz: bg cos Kt (A29)

K=1

The solutions to thils set of five equations may be found by the use
of integration factors or, in the case of constants, by algebraic
manipulation as follows:

—\2 by
a (&) [K2+ J)g
AK(E-) = _iK__ + ﬁKe <QO> ( Tm (A}O)
GKZ + E&E§
Tn

V[, \
_ 2 2(%) ) <-‘.%-) <l + T_m /sin[(yo + I;) + g] - cos [(70 + C) + &
5] cos Vie

Bo(t) = ‘b0<—\\ sin .

O,J _ by
L1+ 22 +1
<p0>< T )

- . ‘
5 ) . 4 <%) (1 + Tﬁ\sin[(yo se) (LK)
i) J
By(e) = —<—0> cos v sin2\2>ue }: =

= ok 2 L 2
k=t GE)G,+EE> +(1+K)° ( ‘G.+52§ +(1+x)?
. Po T Po ) Tm
[*4

27
(35) <1 + %}sin[(?o + §> v (1 - K)é} (- K)cos[(yo c - K)g]

+ - (A32)

_ 2 ok 2
<i} <1 + ﬂ) v (1 - k)2 (_“_\ 14+ E’ﬂ) + (1 - )2
Po T °0) T

(a31)

(1 + K)cos[(yo re) 4 (14 K)g]




56

3 He
0~y m o m 0 (A33)

—\@
%) ;EE cos K¢ + K sin Kt

- 4 2
K=1 <%> <;_“E> . 2

Tm

DIPI

Ty(t,A) = E: IDKe cos KA (A35)

To determine Dy and ﬁK’ notice that all terms afe continuous
and remain finite except those multiplied by Dy and Dk; therefore,
in order to complete the solution it is necessary only to determine Dx
and ﬁK so that T(t,A) be continuous at

and remaln finite. Let
—_\2
Po Ty
«f3)
“’SKp

XK

Gy =
The proper selections of Dk and ﬁK are

Q [
sinh XK(—2-> xKﬂ
— =l Ky,

X = Ok sinh Xyt

P RS e
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o1

N sinh XK(ﬂ - %)
= - H
DK GK sinh Xyt 1
where
-1 ar - ! 2
HH =1 and Hp =0 ( 5 <t < 2)
_ f Q
and
Q Q
-5stE¢ (2“ - 5)
The formal solution is
T(EJA) = TH(E)A) + Tp(éyA)
0 Q
q . sinh xK(n - 5) ”xKg
= Hy x|l - TR e cos KA
K=0 K"
Q
x sinh x, =
K - -
+ Hp Z C-K————Eexx(g It)cosKA
=0 sinh XK
+ cos A[Bo(e) + Be(8)] + [co + ox(2))] (A36)

where e = 2,7183.

The accuracy of equation (A36) is dependent on three primary con-
ditions: magnitude of the temperature variations, the satellite orbital
elements, and the satellite tumble rate.

The first condition determines the validity of the linearization of
the differential equation. To examine the effect of the linearization
of equation (A21), it is advantageous to solve a simpler problem. Con-
sider a tumbling cylinder, with open ends and nonradiating inner walls,
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and let the principal axis be 90° from the sun; neglect earth thermal
and reflected solar radiation. The governing differential equation is

]
wr+ L oo
k
where
2q1 2 2, .mht
PAQ py"Sa pH—eadT
0 .—.-O Scos*A..i_.
k tk tk
when
o4~ 1t 4w (T - Tp) = T 0T - 3T,
A= 2
tk
ecTmLL = Ep
Sas=Es

pOEAES = HUg
Pr . L &
p02 dA2
a@==fte
T

Then the differential equation becomes

ar

de

= (0P)T = -ug cos™A - 3uy

~3 AN~
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with the straightforward solution from reference 14

T
T = Hs cosh ah + Hs cos A + EZE (O <AS %)
2w(l+w2)sinh% 1+ of
(A37)
h oA - T
T - pg cosh af 1) . 5um (g <A< ﬂ)
20(1 + wR)sinh 9"5-

which satisfies the linearized differential equation along with con-
tinuity of T and dT/dB. However, this solution does not satisfy
the conditions of equilibrium, specifically

Absorbed heat = Radiated heat

This can be corrected by multiplying the solution by some suitable con-
stant, which is determined by requiring that

LI
7, 7
X Than = ot

27 0

and

oxy

P e —— (A38)

2%
Jf ThdA
0

where T 1s given by equation (A37). In figures 33 and 34 the linearized
and the corrected linearized solutions are shown with the numerically
integrated solution for two material thicknesses. In both cases the
linearized solution is consistently higher than the numerical solution.
This may be explained by noticing that the linearized expression

hTm5 - BTmu is always less than Tn except for T equal to Tp; but
TLL is directly proportional to the energy being radiated away, so that

T 4in the linearized solution must be too high in order to compensate
for the loss 1in radiative power.
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The second condition determines the applicability of equation (A8).
It should be noted that equation (A8) is exact only for zero altitude,
but the effect of this term in the temperature distribution is always
small and considering the additional complexity that would be required
to correct it, the use of equation (A8) is justifiable for altitudes on
the order of 200 to 300 nautical miles. The third condition masy be
checked by the method of reference 1k.

It has been shown that one corrected form of equation (A36) is

Tcorr( £ )A) = ZT( 3 :A) (A39)

where

hﬂszu

.
2n p2x L
fo fo [1(e,0)] at an

The correction factor Z in most cases must be determined numerically.
An approximate Z may be found much simpler by the following method.
Let

VA (ALO)

2n
(A) = o= fo T(¢,0)a (a%1)
2n
T(g) = = f (¢ ,A)dA (Ak2)
21 0
Then find
4
b 2ﬂTm
Zn = —%n m (ak3)
f [T(A)] dA
0
25T,
S —. (Akk)

2n 4
fo ()] a

W]
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so that

Z =~ ZpZg (AL5)

Numerical Example of Surface Temperature Distributions

To illustrate the method used in this paper for finding surface
temperature distributions the following example is presented. The case
selected is for the Lewls sensors since the gradient effects on this
experiment are critical. Consider the satellite to be tumbling and in
the attitude where the coldest telemetry temperature 1s expected. For
this condition

t = 180° 70 = 0°
Q = 225° = 3,92 radians e = Q°
Ag 118
—_—= 2= = 0.202 P = 0.625
Ap 58k
fo 3438 = 0.895 v = 0°

S 90 T R Altitude | 3638 + 500
cos ag = 0.446 ag = 63.5°

Material properties are taken as

Btu
k = 0.164 ————— = 0.32 = 0.82
min-in-OF & > ¢=0
t = 0.02 in. po = 11.0 in. a? = 8.78 in.2/min

First the mean orbit temperature Tp will be found from the alternative
method (eq. (A9)) where the surface is at uniform temperature as follows:

A
Tm)+ == p +

(l - cos ao)re Sag 1 - cos apl )
2n cos €l5e * 2 Te
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Tt = [}0.202)(0.625) L - 0-”“6)(0-“)(1-0{} (0.04968)(0.32)
m (

6.28 2 x 10-13)(0.82)

. <? - g'”“6>(u5o)“

(157.0 x 108) + {114.2 x 108) = 271.2 x 108

[}
=]
=
1)

Ty = 406° R = -54° F

Now a numerical expression for temperature will be found. Equa-
tion (A4l) can be expressed in the form

1 2n
T(A) = e T(&,A)dE

T VYo

2 —\2 by lsin{ys +
=Tm+-Q—Z Gk cos KA - 2\ cos v sin2<?2> -“3—1———<—9—-C—)COSA
2n K=1 po 2 p'm 2 x]_
where
A= L 1 ok.87

= - (0.02)(0.185)" °

Eg = Sag = (0.04968)(0.32) = 0.01589

Ee = eoT? = (0.82)( 2 x 10-13) (450)* = 0.006724
Ep = eoTyt = (0.82)(2 X 10’15)(h06)“ = 0.004407
o2 = 121 in.?

hg = pO2AEs = (121)(3%04.87)(0.01589) = 586.4k

He = P AEe = (121)(304.87)(0.006724) = 248.0k

= poNBg = (121)(304.87)(0.00440T) = 162.57

T
B8
§

R e
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LTI _ Ma62.57) _ 1.60

Tm

a.o—

ay

as

al,

%6

ag

alo = -0.001&1

Lo6
2
= ;;-é- = 0-2028
0
4 = -0.1352
n2[1 - (2)2]
m
= -0.0270
w21 - (8)?]
4 = -0.0116
nz[l - (6)2]
-0.006k

_ 8sTeS cos € _ (0.32)(0.4)(0.04968)(1.0)

eo‘I‘eh
L+g_q ., 0.9457
n 3.14
g _
5 = 0.4728

(0.82)(2 x 10713) (450"

= 1.301

= 0.9457
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Now select even values of K and solve

in the following table:

for XK and GK as shown

N3

_\2
o) ) l"“m 2 lH4m o 2 “SaK(%>
K K K= + —m— XK = (K + T_'m—)x(b—(;) aK a’m‘LS GK = T
0 o] 1.60 1.8179 0.2028 | 118.93 65.42
2 4 5.60 6.3459 -.1352 | -79.28 -12.49
L{ 16 17.60 19.9299 -.0270 | -15.83 -.79
6| 36 37.60 42,569 -.0116| -6.80 -.16
8| 64 65.60 T4.265 -.0064 | -3.75 -.05
10| 100 | 101.60 115.017 -.0041 | -2.40 -.02
For K = 1.0,
)_,_u -—\2
X, = <K2 + 2 (i> = (1.0 + 1.60)(1.132) = 2.9450
Tm /\Pg

Now the surface temperature T can be found as a function of the

polar angle A

Q
T(A) =Tm+§KZiGKcosKA
—\2 b,\| sin +
- (—i> cos v sinz(a—o-)(-u—e)(—l) I:M]cos A
Po 2 \n 2 Xy
T(A) = LO6 + Zzg [(-12.u9)cos 2A + (-0.79)cos 4A + . . ]
63.5\| [248.04\{0.4728)| sin(0° + 180°)
- (1132 0°)|st 2( ) ( ) A
(1.132)(cos ){s N3 6557 > 2 5h% cos
Since sin 180° = 0, the second term becomes O and

T(A) = 406 + (0.625)(-12.49)cos 2A
T(A) = 406 - 7.80 cos 2A (given in °©R)

The solution to this problem 1s plotted in figure 32.
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Next find the surface temperature effects due to time T(t) from equa-
tion (Ak2)

on
T(g)=§fo (& ,A)dA

0 sinh xo(n - %) :
=Ty - — Go + H 1 - X0
T(E) m Eﬁ GO l O sinh XOJT €
Q
sinh Xg =
+ H2 GO ————————E e-xo(g—ﬂ)
sinh Xon

T e

where e = 2.7183. After dropping negligible terms the equation becomes

00 § 2(ﬁ>cos + sin
(ol f L

T(E) = 365 + Hl(65-)+ - 1.50)4-8-1'82§) + H2[7.25e-l.82(§-ﬂ)}

+15.5cos ¢t + 8.6 sin £ + 3.9 cos 2t + L4.,3 sin 2¢

The solution is plotted in figure 38. It should be noted that in fig-
ure 38 the effects of conductivity from other sectors to the Lewis
sensors has been neglected.

Solutions for Zp and Z; from equations (A43) and (A4L) for
this problem gives

Zp = 0.999

Zg = 0.993
and from equation (A45)

7~ ZpZg

Z = 0.9923
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Then, the corrected mean temperature in the cold case (considering
circumferential surface gradients and time gradients) is

ZTym = 0.992 x 406 = 402.8

The mean temperature drop in this case is only 5.20 F, although cal-
culations have shown that in the hot case the mean temperature drop

is 13%3°© F.

S VI gy
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APPENDIX B
DEVELOPMENT TESTS AND TEST RESULTS

A large amount of testing was done as part of the thermal design of
Explorer XIII. Although the approach taken in these tests was that of
proof testing rather than basic research, the results which may be of
general interest are included in this paper. These results, however,
do not represent the entire test program conducted with materials and
coatings for Explorer XIII.

Vacuum Ultraviolet Radiation

A long recognized problem associated with thermal design is the
detrimental effect of the ultraviolet portion of the solar spectrum on
surface coatings. This effect most often appears as a change in solar
absorptivity, although in some cases the material itself may be adversely
affected. To study this effect in a quantitative manner, a test was con-
ducted using a General Electric B-H6 meicury arc lamp to irradiate speci-
mens in a bell jar evacuated to 1 X 10~ mm of mercury. The solar
spectrum was duplicated between wavelengths of 0.24 and 0.42 micron and
the radiation intensity at the surface over this wavelength range was
0.01236 watt/cmg. A photograph of the test setup is shown in figure 39
and the results are presented in the following table. The temperature
of the specimens during radiation was approximately 85° F.

. T I Thickn:ss, Exposure
Materisl or coating t Type Y Source time, hr Results
S ‘ - [ - e
Titanium dioxide white paint; 3ilicone resin 3 ; Marshall Space Flight Center (MSFC) : 385 Severe yellowing in first 70 hours, no
} ! apprecisble increase after 70 hours,
no change in adhesion or composition
Aluminum lacquer Acerylic (A-10) 1 i U.S. Naval Research Laboratory 335 No color change, no change in adhesion
% (NRL) ! or composition
Aluminum oxide Rokide A 13 ‘ Norton Company 385 Slight darkening during first 100 hours,
: no sppreciable increase after first
| 100 hours, no change in adhesion or
‘r composition
 Sandblasted 410 stainless ‘ 400 | No color change
steel, heated at 600° F
for 5 minutes |
Vapor deposized aluminum and | i 0.28 U.5. Army Engineer Research and Loo | No color change, no change in adhesion
silicon monoxide films on (approxizately) Development Laboratory ‘ or composition
beryllium copper
Strong black lacquer Aerylic 3 Ditzler Color Division, Pittsburg koo No color change, no change in adheslon
(mMa 358) Plate Glass Company or composition
Mixing white lacquer Acrylice 3 Ditzler Color Division, Plttsburg Log Slight yellowing in first 60 hours, no
{ma 311) Plate Glass Company ) change in adhesion
i
Enameled copper wire 3 Goddard Space Flight Center | No color change, no change in adhesion
i or composition
Lusterless white enamel Resin 1 Sherwin-Willlams Paint Company [ Moderate yellowing in first 60 hours,
(F93-wC9) ; ! no change in adhesion
Flat black enamel Resin 1 Sherwin-Williams Paint Company \ 385 No color change, no change in adhesion
(F65-B2) |
Eincone rubber No. 916 | Dow Corning Corporation Lo38s No color change, no change in texture




Some general observations can be made from even this simple test.
It appears that the white surfaces show discoloration effects within
about the first 100 hours and do not become appreciably worse after that
time. This characteristic would indicate that if this is the only ultra-
violet effect to be studied, tests at one solar intensity might not have
to exceed this duration.

It can also be noted from the table that, of the paints examined,
the acrylics seem superior in their ability to resist color change.

Although considerable work is being done on vacuum ultraviolet
radiation (for example, refs. 18 and 19) these tests are generally
performed at several solar intensities. A need appears to exist for
experimental studies on long term vacuum ultraviolet effects at one
intensity.

Proton Radiation

The Explorer XIII micrometeoroid satellite is not expected to
experience high levels of proton and electron radiation because of its
relatively low orbit, however, some preliminary proof testing was done
on some materials of Explorer XIIT jointly with a program being conducted
by the Langley Instrument Research Division (IRD). These tests were con-
ducted in the 22 Mev proton accelerator at the Osk Ridge National
Laboratory (ORNL). Although the primary purpose of these tests was to
evaluate the performance of solar cells and transistors (ref. 20), the
testing of material samples was useful in determining high energy radi-
ation effects on some of the material properties. Reference 21 contains
a good discussion of high energy particle effects on a number of material

properties. The specimens irradiated at the Oak Ridge National Laboratory,

however, were examined primarily to observe the following effects:
(1) Optical properties
(2) Crystalline structure
(3) Tensile yield load
(4) Bonding characteristics of adhesives
Table III is a list of the specimens radiated at ORNL. Refer-

ence 20 presents a description of the test setup and photographs of the
mounting apparatus. The materiasl test specimens were irradiated for

5 minutes in a 22 Mev proton beam flux of 6.5 x 1010 protons/cm2/sec
(1.95 x 1013 protons/cm? total).

~W D
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Optical properties: Only three of the specimens radiated showed
discoloration effects. Strangely, all of these materials were involved
in the solar cell installation. Two possible bonding agents were tested
and both discolored. The General Electric Company's RTV-LO silicone
rubber elastomer turned from white to grey, the Armstrong Products
Company's modified C-1 epoxy adhesive turned from vhite to tan, and the
quartz glass solar cell window turned to a darkened shade in the
radiated area. The red Dow Corning silicone rubber, however (which 1is
used as a quartz glass mounting gasket) did not discolor as did the
white RTV-40 silicone rubber bonding agent.

Crystalline structure: All of the specimens radiated were examined
under a 250 power microscope and compared with nonradiated duplicates.
It was found that for all the specimens, including those which discolored,
there was no change in the crystalline structure of the materials dis-
cernible at this magnification.

Tensile load tests: Table IV presents a summary of the effects of
the radiation on the percentage changes in ultimate tensile load and
elongation in a 4-inch specimen. Generally the accuracy of these data
appears to be in the order of 15 percent. Because of the limited number
of specimens tested, however, it is difficult to be certaln whether the
changes noted in some of the materials is a result of the radiation or of
some discrepancies in the specimens themselves. It does appear from the
quantitative data, however, that the silicone rubber is affected strongly,
and shows an appreciable reduction in ultimate tensile load and elongation
after radiation. In every case where an external coating was applied, the
coating spalled during the tensile test, both on radiated and nonradiated
specimens.

Adhesive bonding characteristics: A cursory comparison was made
between the bonding characteristics of the radiated and nonradiated
adhesives (RTV-40 silicone rubber and C-1 epoxy adhesive). No appreci-
able change was detected, and the bonding characteristics of both of
these agents, for the radiated and nonradiated conditionms, appeared
satisfactory. The results of the 22 Mev proton radiation test at ORNL,
as given in reference 20 and this paper can be summarized as follows:
The largest effects as noted in the reference were in the performance of
the solar cells and transistors. Large losses in short circuit current
and load current were experienced by the solar cells, and large losses
in transistor gains were also noted after radiation. Radiation effects
on the materials to be used in the Explorer XIII showed discoloration of
the adhesives and quartz glass and a reduction of tensile load and
elongation of silicone rubber.
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Absorptivity and Emissivity Measurements

When a survey of the literature was made to find reliable values of
surface absorptivity and emissivity of the materials and coatings to be
used, 1t became apparent that direct measurements using material samples
were necessary. Wherever possible the measurements were made st the
Langley Research Center, and where the necessary facilities were not
available, measurements were made on a contract basis. Samples were pre-
pared by the identical processes used in fabrication of the satellite
surfaces. Tables V and VI present the results of these tests. It will
be noted that some of the values were for materials and coatings which
were not used on Explorer XIII, but were considered promising for use in
other satellite applications. The compositions of some of the paints
used in this investigation are given in table VII.

These data were obtained from reflectance curves for different wave-
length ranges. The Langley values of solar absorptivity were obtained
from reflectance values between 0.26 and 2.6 microns with the Beckman
DK-1 spectrophotometer. These data were obtained by Langley IRD. Values
at wavelengths between 0.3 and 1.8 microns were cbtained at Lockheed
Aircraft Corporation with a Cary spectrophotometer and at wavelengths
between 2 and 22 microns with a Perkin-Elmer Model 13-U spectrophotometer
and Hohlraum reflectometer. The Lockheed measurements were made on con-
tract using samples prepared at Langley.

Solar absorptivity and total hemispherical emissivity were reduced
from the reflectance curves by the method of reference 22. The solar
energy distribution used by the Lengley center to obtain ag 1is that

given in reference 23, although the Lockheed values were based on the
solar spectrum of reference 2k, Very good agreement between the Langley
and Lockheed values of ag can be noted however. Values of ag and e
from reference 22 are also compared .in table V. Good agreement in
emissivity is noted. The largest discrepancy seen between the ag values
is the value for 410 stainless steel with sandblast and thermal treatment
as given in reference 22. For this specimen, a difference of about

10 percent in ag 1is apparent. This may be due to the fact that since
the specimens discussed in reference 22 were not prepared at Langley, the
method of preparation may have been slightly different thus affecting the
surface properties.

W~
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TABLE I.- DESCRIPTION OF MATERIALS AND COATINGS USED ON

THE EXPIORER XIII MICROMETEOROID SATELLITE

Source <44__7*44W

Component Material Coating

Exposed exterior - sand- Langley Research Center
blasted with 100 mesh grit
heasted in air at 600° F for
S5 minutes

Nose cone 410 stainless Exterior surface under Sherwin-Williams
steel sounding boards - 2 coats Paint Co.

flat black enamel (F65B2)

Interior - vapor deposited Swedlow, Inc.
gold

Telemetry 2024-T aluminum Vapor deposited gold Swedlow, Inc.
packs alloy

Mounting Fiberglas Vapor deposited gold Swedlow, Inc.
bulkhead

Antennas 6061 aluminum Chromic acid anodizing Langley Research Center

alloy
Exposed exterior - 2 coats Ditzler Color Div.,
primer and 4 coats strong Pittsburg Plate Glass Co.

Solar cell 1100-H1k black lacquer (DMA 358)
ring aluminum

Interior - sulphuric acid Langley Research Center
anodize with black dye
Exterior - 0.013-inch alu- Norton Corp.

Solar cell 2024 aluminum minum oxide (Rokide A)

frames alioy Interior - 1 coat primer and Sherwin-Williams
2 coats flat black enamel Paint Co.
(F65B2)

Solar cell Silicone rubber B L P L P S P General Electric Co.
bonding compound
agent (RTV-LO)

Exterior - sandblasted with Langley Research Center
100 mesh grit - heated in

Sounding 410 stainless air at 600° F for 5 minutes

boards steel
Interior - 2 coats flat black Sherwin-Williams
enamel (F65B2) Paint Co.

Langley Beryllium copper Exterior - vapor deposited U.S. Army Engineer
pressure aluminum and silicon mon- Research and Development
cell oxide films Laboratories
detectors

Exterior - 1 coat white Sherwin-Williams

Lewis grid 30k stainless iusteil?;; q;é;% dry white Paint Co.

detectors steel name >
Interior - aluminum foil sheet Langley Research Center ;
q
Exterior - none jGoddard Space Flight 1

Goddard Enameled copper Center [
detectors wire |

Interior - aluminum foil sheet Langley Research Center
Exposed exterior - 2 coats Ditzler Color Div.,

Fourth- primer and 4 coats strong Pittsburg Plate Glass Co.
stage AZ31B magnesium black lacquer (DMA 358)
transition alloy
section All other - aluminum foil Astronautics Div.,

sheet or tape

Chance Vought Corp.
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TABLE II.- MATERTAL PROPERTIES OF EXPOSED SURFACE USED IN THE

EXPLORER XIIT SATELLITE THERMAL DESIGN

a me, Anq,

Component s | © Btu/oF 1n.2

Nose cone less sounding boards and solar cells . .|0.71[0.42{1.354 | 504
Sounding Poards .+ « + + + s ¢« s e s s o« s s +|0.T1 0.4210.217 222
Composite solar cell ring .+ + ¢ ¢« ¢« o« ¢« « & « « .|0.57|0.79 1.451 337
Composite solar cells on forward face . . . . . .[0.41|0.89/0.145 |32.k
Pressure cell SeCtOT « « « o o « ¢« « o « « « « .« .|0.19/0.16} 3.30 [281
Lewls SECEOT o o o« v o « « o o o o o o o o« o o « .10.32/0.82]1.6 584
Goddard BeCtOT o« « o + « « ¢« o s+ o o s o o o .+ +0.66/0.69]0.925 | 565
Fourth-stage transition sector . « « + « « « . . .10.93/0.74/0.598 | 380

~\WN ]
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TABLE III.- SPECIMENS RADIATED AT ORNL

Specimen Description
1 General Electric RTV-4O silicone rubber on AZ31B magnesium alloy
2 Armstrong Products Co. modified C-1 epoxy adhesive on AZ31B mag-
nesium alloy
3 Bare solar cell bonded to AZ31B magnesium alloy with
RTV-40 silicone rubber
b Bare solar cell bonded to AZ31B magnesium alloy with C-1 epoxy
adhesive
5 Solar cell with l/l6-inch quartz glass window bonded to
AZ%1B magnesium alloy with RTV-40 silicone rubber
6 Solar cell with 1/16-inch quartz glass window bonded to
AZ31B magnesium alloy with C-1 epoxy adhesive
T 3-mil-thick TiO2 silicone base white paint on 2024~T3 aluminum
alloy
8 3-mil-thick TiOp silicone base white paint on AZ31B magnesium
alloy
9 |1/2-mil annealed aluminum foil
10 o.mil-thick flat black enamel on 2024-T3 aluminum alloy
11 1-mil aluminum paint (formula A-10, NRL) on 2024-T3 aluminum
alloy
12 6061-T6 sluminum alloy with chromic anodized surface
13 1/16-inch quartz glass
14 1-mil beryllium copper
15 Dow Corning silicone rubber
16 410 stainless steel, sandblasted and thermally treated
17 L10 stainless steel, sandblasted and thermally treated,
12-mil Rokide A sprayed on
18 410 stainless steel, sandblasted
19 |Duplicate of specimen 8
20 Duplicate of specimen 17
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TABLE IV.- EFFECTS OF 22 MEV PROTON RADIATION

ON PROPERTIES OF MATERIALS

Percent change

Percent change
in elongation

Material Treatment in ultimate of & Y-inch
tensile load ¢
specimen
(a) (a)
410 stainless steel |Sandblasted with 0 -1.1
100 mesh grit
410 stainless steel |Sandblasted with o] +2.1
100 mesh grit,
heated in air at
600° F for
5 minutes
410 stainless steel |Sandblasted with +1.5 +5.3
100 mesh grit,
heated in air at
600° P for 5 min-
utes, 0.01ll-inch
Rokide A coating
2024-T3 aluminum 3 coats titanium -5.8 +3.7
alloy dioxide white paint
(MsFc)
2024-T% aluminum 1 coat zinc chromate (b) (v)
alloy primer - 2 coats
Sherwin Williams
flat black
enamel F65B2
2024-T3 sluminum 1 coat aluminum paint -1.7 +12.5
alloy (formula A-10,NRL)
AZ31B magnesium 3 coats titanium -1.% +2.4
alloy dioxide white paint
(MsFC)
6061-T3 aluminum Chromic acid anodized -1.7 +4.1
alloy
Beryllium copper  [-—-——«cccmmmmmeaoo +5.6 -16.3%
Silicone rubber  |-c-ee—mcccmmemeeeo -41.6 -45.0

8Plus slgn indicates an increase after radiation and minus sign

indicates a decrease

bTensile specimen accidentally notched; therefore, no valid results.

after radiation.

LeLT~1
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TABIE V.- SOLAR ABSORPTIVITY AND TOTAL HEMISPHERICAL EMISSIVITY OF MATERIALS AND COATINGS

7

Total hemispherical emissivity

Solar absorptivity t B0° F
Specimen Material Treatment or coating - &
Lengley | Lockheed | Ref. 22| Lengley | Lockheed | Ref. 22
1 410 stainless Sandblasted with 100 mesh grit,| O.T4 0.7 0.81 0.h2 0.43
steel heated in air at 600° F for
5 minutes
2 410 stainless Same as specimen 1 but with 25 27 .28 T 7
steel 0.013-1inch Rokide A coating
3 | 347 stainless Sandblasted with 100 mesh grit 63 A6
steel .
L T stainless Sandblasted with 100 mesh grit, 67 RN
steel heated in air at 600° F for
5 minutes
b
5 347 stainless Same as specimen 4 but with 27 : T4
steel 0.014-inch Rokide A coating
6 347 stalnless Sendblasted with 100 mesh grit, 27 T
steel 0.014-inch Rokide A coating
(no thermal treatment) ;
T 2024-T% aluminum | Sendblasted with 100 mesh grit, .52 .75
alloy 0.013-inch Rokide A coating
8 20247-3 aluminum | 2 coats zinc chromate primer, 23 21 .86 }
alloy b coasts Ditzler mixing vhite ’ !
lacquer (IMA 511) 2
|
9 AZ31B magnesium Same as specimen 8 23 .8 ‘
alloy i
i
10 AZ31B magnesium 2 coats zinc chromate primer, 97 .92 LTh :
alloy 4 coats Ditzler strong black
lacquer {IMA 358) i
11 Berylliium copper | Buffed-vapor deposited alumimum 21 .19 16
and silicon monoxide films
12 |Enameled copper None 563 .69 69
wire (Goddarad
sensor) )
13 Enameled copper 1 coat zinc chromate primer, .94 .81
wire (Goddard 1 coat Sherwin-Williams flat
sensor) black ensmel FG5B2
aiy 304 stainless Oxide salt bath .87 87 0.3 .29 i
steel (sub- }
strate of lewls :
sensor) ;
15 Beryllium copper ' 1 coat zinc chromate primer, .96 94 .83 !
2 coats Shervin-Williams flat
black ensmel F65B2
i
16 AZ31B magnesium 0.0lk-inch silicone rubber .32 .80
alloy compound {GE RTV-40)
17 2024T-3 aluminum | Sandblasted with 1F silicon .55 67 27
alloy carbide - 18 inches from
ppecimen

8&This process consists of immersing the steel surfaces in a
Tme specimen is particularly interesting because of the

finish.

at the visible wavelengths.

boiling bath of Dulite 3-0O salt to produce a black oxide
relatively low em!ssivity of the surface which is black
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TABLE VI.- SOLAR ABSORPTIVITIES OF MATERTALS AND COATINGS

Description of specimen ag

2024-T3 aluminum alloy as received, 0.42
cleaned with methyl ethyl ketone

2024-T3 aluminum alloy, 1 coat zinc 0.96
chromate primer, 2 coats flat black
enamel (Sherwin-Williams F65B2)

2024-T3 aluminum alloy, 1 coat of 0.4k
aluminum paint (formula A-10,NRL)

2024-T3 aluminum alloy with 10 minutes 0.16
caustic etch at 160° F

Magnesium alloy, 3 coats titanium dioxide 0.16
white paint (MSFC)

Beryllium copper as received, cleaned 0.37

with methyl ethyl ketone

T e N
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Figure 2.- Satellite nose cone.

81

L-61-2146



82

09ce-19-1

LeLTT

*PSAOCWSI SUOD 380U YRITM 93TFT[To%38S -°¢

B 17 SR 3SR

2INBTA




83

*STOTUSA YOUNET INOOS JO JUSWIBUBILIE TRIJUSH -+ SINITI

D, NOLUSNYHL H3ddN

——— QT3NS 1y3H 3OVLS AuiHd

// / — [ S3uvINY

,, /
FEH=TSeA

g, NOILSNyHL =H3ddN—
Y , T wovarHawia |
22 =T g, NOWSNYEL =3O N CANY da NONEYa 3D B G, NOLASTvoaL JE3M
L — —S3NwA L3 \ \ // N\ /
,, ,v/ \ S ——A13HS AY3H 39S H1dNOd
S STOHANOD il N4 . N —{ 018w
S Fo9v—— : N BV |
R — ¥, Tsve \ / Cen
e 5. NOLLISNYRL mm\<6|_|l/ “CNTE AT, 50N
AN ~——OL'SZ
/,. ™ . | / AN m | °
/rlu, / ¥ \\ h / \ / k b
) MR " - I Eo : wn RN nj - .N!N
S - - . 3 ot 1 Mo e T
. , - | | _4
T | | W ﬁ . J ﬁ
v\ ! ooie Yo , % | 2
| - 7 a a , , 0
. —-00 0% i | ! ; =
a i 4 A v | | %
: | ! HOLOW FOwIS ANOD3S 1 * / | | 4
| | | Zg'Tel TZ8 #
! | HOLOW 3IOVAS LSdld | | “30wd 1SOEHL OuWmEOS— / " W ;
26608 “30vH 1SMEHL QgYmEOd STLEd 13 / OIET , ]
v YOLOW 3DvLS auiHL  / ' P ’
09558 *30VA LISMEHL  COHwMHOL — i 00l
5 ——"h WOVHHIWA T —— HOIOW 39VLS
5558% BNV NOUWHYAES D WOEHaWA Q818 HiwnOd4 “30v3
ANV NOWYES — Loy QsvmMaOs

PARZOIN




8l

Figure 5.- Scout launch vehicle and launch tower.
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Altitude, £t

Velocity, ft/sec

400 x 107

| 3
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Figure 7.- Variation of altitude and velocity with time.
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Figure 12.- Temperature time history at station (1) during ascent.
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Figure 13.- Temperature time history at outside wall of station (2)
during ascent.
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Figure 15.- Sketch showlng test setup for prefiring simulation
of ascent heating.
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Figure 21.- Satellite orientation with respect to earth and sun.
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Figure 24.- Area distribution for a 450 cone as a function of

orientation angle.
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Figure 28.- Mean temperature as a function of the orbit parameter
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Figure 32.- Circumferential temperature distribution on Lewis sensors in
hottest and coldest tumbling cases.
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